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ABS’I’MCT 

T2.d.s repor t  de t a i l s  the work done on Phase I of Contract NAS 2-3691, A Research 
Study of Havigation and Guidance of Launch Vehicles Having Cruise Capability. 
The Phase I study exzmines the  navigation and guidence requirements of a two 
s t w e  launch vehicle, consisting of an airbreathing recoverable first stage 
and (i rocket povered second stage. 
c le  character is t ics  on guidance requirements are determined. 
selected guidance and navigation systems are performed. 
various guidance and n a v i s t i o n  systems chosen f o r  study on payload, r e l i ab i l i t y ,  
cost, and safety i s  used i n  system trade studies. 
gui2mce systems are chosen f o r  fur ther  detai led study. 

The e f f ec t s  of mission constraints and vehi- 
Error analyses of 

The e f f ec t  of the 

Two candidate navigation and 
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1 .o Introduction and Sumaery 

The study i s  directed a t  determining the f eas ib i l i t y ,  capabi l i t ies ,  
and l imitat ions of navigation and guidance systems for a two stage 
launch vehicle having an aerodynamic, a i r  breathing f i rs t  stage and 
a rocket second stage.  
(2000 naut ical  mile) o f f se t  distance t o  the o r b i t a l  plane of a 
s a t e l l i t e ,  t u r n  i n t o  the plane and separate t h e  second s tage which then 
accomplishes rendezvous of the payload w i t h  a ta rge t  satell i te.  
first s tage then returns t o  i ts  base. Phase I, the first four months 
of the nine month study, i s  a coaparative analysis of a l te rna te  navi- 
gation and guidance concepts. This Volume of the Final Report covers 
the navigation-guidance work accomplished during Phase I and supports 
the reconiiendation of two navigation and guidance concepts for detailed 
study during Phase 11. This Volume i s  essent ia l ly  the same as the  In- 
terim Report, D2-113016-3, w i t h  some revisions and w i t h  t he  use of the  
Internat ional  System of Units. 
D2-113016-5 presents t he  nominal t ra jec tory  s tudies  and the  t ra jec tory  
optimization resu l t s ,  and D2-113016-7 presents the detai led s tudies  of 
t h e  two selected navigation-guidance concepts. 

The overal l  objective of the  study i s  t o  determine i f  subs tan t ia l im-  
provements i n  navigation and guidance technology are required i n  order t c  
avoid s ignif icant  losses i n  mission performance w i t h  t h i s  launch vehicle ,  
A rescue mission is a typica l  rendezvous mission t h a t  the launch vehicle 
i s  required t o  perforni. 
mate t o  flight perfornance capabi l i t i es  are described. 
f l i g h t  p ro f i l e  is  developed i n  D2-ll3Ol6-5. 

The a l te rna te  navigation concepts t h a t  have been considered for Stage 1 
a r e  doppler radar, astroconpasses, i n e r t i a l  navigators, doppler i n e r t i a l ,  
s tellar ine r t i a l ,  navigation satellites and the  Omega radio navigation 
systems. 
form has been studied. The accuracy performance of the guidance system 
i s  described by the vector veloci ty  e r ror  magnitude a t  t h e  point of in- 
ject ion i n t o  the rendezvous t ransfer  orb i t .  

The c r i t i c a l  guidance problem is the  correction of time er rors  t h a t  a r e  
caused by off-nminal environment or  vehicle character is t ics .  
t i on  methods a re  developed for the  cruise-phase, for d i r ec t  ascent 
rendezvous, and by use of a parking orb i t  mode. 
ance equations i s  outlined and the associated guidance computer re- 
quirements are deternined. 

Payload performance capabi l i t i es  and penal t ies  are developed f o r  the  
a l te rna te  guidance and navigation concepts. 
for correcting time er rors  are given for a l t e rna te  correction methods. 
Direct ascent and parking o r b i t  performance penal t ies  are compared. 
It has been demonstrated tha t  a combination of f irst  stage and second 
s tage correction m o d e s  a r e  feasible  for  compensating fo r  expected Off- 
nominal conditions with acceptably s m a l l  payload performance penalties.  

"he basic  mission is  t o  f l y  a 3704 Km 

The 

D2-113016-4 i s  a Summary Report; 

The vehicle character is t ics  and i n i t i a l  esti- 
The nominal 

Alignment of a Stage 2 platform from a Stage 1 master plat-  

Correc- 

The f o r m  of the guid- 

The payload weight panaltiei 
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The payload perfommce penal t ies  t o  correct n a v i e t i o n  e r rors  are a160 
developed and compwed. 
terminel phase of the  rendezvous rcission and on the  base return phase 
for Stage 1. 
that corrections can be mde during the t e rmind  phase of  rendezvous. 
Short range radio a ids  are used du r ing the  stage landing field approach. 
A wiCe range of accuracy performance has been studied fo r  both StRge 1 
and Stage 2 navigation systems. 

The perfomance penal t ies  a re  incurred i n  t h e  

A t a rge t  seeking rada r  measures t h e  navigation errors so 

Comprative r e l i a b i l i t y  aaalyses and Cost Analyses he.ve been made. 
An e f f o r t  has been =de t o  ident i fy  a nunber of the factors  t h a t  cause 
a wide range of values for both r e l i a b i l i t y  and cost  estimates. The 
estimates made represent current data. It should be recognized t h a t  
both r e l i a b i l i t y  Rnd cost  of  electronic components 8nd computers have 
been chanang rnpidly with tine. The data are believed t o  be f a i r l y  
accurate f o r  r e l s t i vc  comparisons and are  useful f o r  performance trade6 
t o  deternine the  point of diminishing returns. 

The pr incipal  conclusions of  the Phase I study are:  

* Navigation and &dance f o r  the rendezvous mission is  feasible  
with s t a t e  of  t he  art technology. 

* The apparent optimum s t a t e  of the  ar t  navig6tion and @dance 
system i n  t e i m s  of r e l a t ive  pcrformancg versus cost  consis ts  of 
a m e d i u m  accuracy i n e r t i a l  system (.01 /hour gyro dr i f t )  on Stage 
2; a 18.5 km/hour (ten nautical  m i l e s / h D u r )  i n e r t i a l  s y s t e ~  on 
Stage 1; and mediuc? capabi l i ty  d i g i t a l  computers on each stage. 
However, consideration of safety, a i r  t r a f f i c  control, co l l i s ion  
avoidance, refuel ing rendezvous, re la t ive  development e f for t ,  
and other  current navigation applications support t he  recommendation 
of a 1.85 km/hour (one nautical  mile/hour) accuracy c l e s s  navigator 
for Stage 1. 

* With advancing computer technology, the  cost  of modal f l e x i b i l i t y  
and optimized data f i l t e r i n g  is nominal i n  terms of added computer 
requirenents. Therefore, i n  t h e  study of advanced concepts, 
primary emphmis should be given t o  the  study of optimal data 
f i l t e r i n g  techniques, and t o  the  study of the orfpnization of t h e  
sensors and computers i n  a system w i t h  maximum function-level 
redundancy. 

Review of  t h e  Phase I re su l t s  by the  N.&A Mission Analysis Division, 
NASA ElectronFc Research Center, NASA Lar?gley Research Center and others  
resul ted i n  a request for ad2itional Fhase I1 e f f o r t  on t r a j ec to ry  
optimization and t h e  determination of f e a s i b i l i t y  o f t h e  lmbda matrix 
guidance technique o r  a n  equivalent modern control theory approach for 
t h e  rendezvous problen?. 
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2 .o 

2.1 

2.1.1 

2.1.2 

Analyses of Alternate Navigation and Guidance Concepts 

Studv 0b.lective. Mission Goals and Constraints 

Introduction, Statement of Work 

"Various advanced launch vehicle concepts a re  being studied having 
potent ia l  usefullness i n  providing transportation t o  and from orbi t .  
A number of studies have been conducted by government agencies and 
contractors, of launch vehicle systems having varying degrees of 
aerodynamic fl ight capabili ty.  
landing vehicle s tudies  have included "Recoverable Boosters" (USAF), 
"Aerospace-plane " (USAF) , and "10-Ton O r b i t a l  Transport NASA. These 
various s tudies  have noted the  poten t ia l  a b i l i t y  of air  breathing first 
stages t o  perform a wide var ie ty  of missions, par t icu lar ly  the o f f se t  
missions. An ''offset" mission occurs where the launch vehicle accom- 
plishes a s igni f icant  lateral displacement i n  aerodynamically supported 
f l i gh t ,  possibly including some l o i t e r ,  and then in the proper o r b i t  
plane, proceeds t o  establ ish t h e  launch conditions required by t h e  
upper stage.  
volving rendezvous or near approach t o  some object In  o rb i t .  A l i m i -  
t a t ion  of a l l  these studies,  however, has been t h e  assumption tha t  the  
guidance and navigation problem i s  t r i v i a l  and that the  equipment re- 
quired i s  of negligible weight and volume, and w i l l  be readi ly  available 
However, for  the rendezvous t a sk  t h e  navigation and guidance system 
requirements may be d i f f i c u l t  t o  meet unless substant ia l  improvements 
in technology a re  incorporated o r  s ignif icant  losses i n  mission per- 
formance a re  tolerated.  
the required functions and capabi l i t i es  of the  on-board guidance and 
navigation equipment, i t s  probable physical character is t ics ,  and also 
t o  examine the mission performance losses  associated with exis t ing and 
improved navigation and guidance system technology. 
t h i s  study G i l l  enable an evaluation of the e f fec ts  t h a t  the naviga- 
t ion  and guidance system will have on the overal l  vehicle design and 
mission performance and w i l l  a id  I n  i den t l fy lng  c r i t i ca l  research areas 
and areas i n  which increased research might r e s u l t  i n  s ignif icant  
system improvement. 'I 

The horizontal  take-off and horizontal- 

This capabili ty i s  of par t icular  benefit  for missions in- 

A detailed study is now required t o  determine 

The re su l t s  of 

Objectives 

The objectives of t h i s  study are:  
two-stage earth-to-orbit vehicle having an aerodynamically supported, 
air-breathing, f irst  s tage and a rocket powered second stage; (2) t o  
examine means of operating t h e  vehicle which minimize mission perform- 
ance losses and/or reduce complexity i n  the navigation and guidance 
system; (3) t o  se l ec t  two promising schemes and define them i n  d e t a i l  
including sensors, computers, command systems and associated on-board 
equipment; (4 )  t o  perform sens i t i v i ty  studies on the selected systemw- 
t i cu la r ly  wi th  regard tnaccuracy capability, safety, d s s ion  r e l i ab i l i t y ;  

(1) To study guidance schemes for  a 
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(5) to investigate the appllcation of elements of t h i s  system t o  a cruise 
nirrlm, and (6) so assess probability of successful development and 
define c r i t i c a l  research areas associated with the development of the 
nrvigetlon md guidance system. 

Additional st* objectives are: 
advanced technology concepts t o  provide direction t o  technology research 
required t o  implement the recoverable launch vehicle concept, and (8) 
Provide a maximum navigation and guidance system f l e x i b i l i t y  t o  maximize 
the potentidl  applications of a recoverable launch vehicle. Tne cost 
of obtaining the f l e x i b i l i t y  should be determined. 

(7) Consider both near term and 

2.1.3 Study Constrainto 

The followine; ground ru les  apply: 

The baseline vehicle system is a two stage-to-orbit system des- 
cribed i n  Section 2.2. The nominal missions are  a lso defined 
i n  Section 2.2. 
stages are t o  be considered. 
manned mission t o  be considered. 

Note t h a t  both manned and unmanned second 
A rescue mission is a typical  

Take-off is  not res t r ic ted  t o  any geographical location and the  
take off -way is assmd t o  be unaligned with the ascent 
t ra jectory.  

All f l i g h t  phases subsequent t o  take off are  unassisted by 
ground tracking information although radio navigation aids are 
acceptable. World-wide operation is required. 

The accuracy required o f t h e  air-breathing stage is primarily 
associated with the ta rge t  staging conditions. These conditions 
In tu rn  are established by the requirement tha t  the b a l l i s t i c  
stage must achieve injection in to  the ta rge t  orb i t  with accuracy 
compatible with rendezvous requirements, which f o r  the  present 
study will be taken as equivalent to tha t  of Gemini. 
t a rge t  orb i t  is 485 hn (262 nautical i d l e s )  altitude. 
constraint that  Gemini rendezvous requirements be satisfied 
applies t o  ta rge t  seeker range fo r  cmperative ta rge ts  and the 
f i e 1  budget fo r  correction of errors.  
ments fo r  epeclal mili tary missions o r  f o r  the detection of 
small  t a rge ts  ere  payload design considerations t h a t  can be 
considered outside the scope of the study. 

n?e 
The study 

Terminal maneuver require- 

The ta rge t  s ta t ion  o rb i t  and location s h a l l  be considered t o  
be adequately established a t  first stage take off .  
t o  o rb i t a l  character is t ics ,  however, should be accepted up t o  the 

Corrections 

ti= o r  staging. 

The launch system s h a l l  be considered t o  operate f o r  150 f l i g h t  
hours per year for  a t o t a l  l i f e  of ten years. 
discussed s h a l l  be considered t o  operate 2000 hours per year f o r  
a total. l i f e  of t en  years. 
md postf l ight  checkout requirements are t o  be determined. 

The cruise vehicle 

Design l i f e  r e l i ab i l i t y ,  pref l ight  
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(7) The navigation and guidance system contribution t o  mission 
Buccess s h a l l  be considered, i n i t i a l l y ,  a1 no less than 95 per 
cent with a design obdective of 99 per cent or  be t te r .  
abort problem is  considered qui te  important. 
problems t o  consider f o r  t h e i r  e f f ec t  on the  N & G requirements 
are a b i l i t y  t o  safely reduce speed when required; a b i l i t y  t o  
r e t u r n  t o  an emergency landing f i e l d  both before and a f t e r  
1aunchingthe.second stage; and a b i l i t y  t o  handle engine out, 
environmental control m d f b c t i o n ,  o r  poor engine performance 
8 i t ~ a t  ions. 

The U. S. Standard Atmosphere - 1962 s h a l l  be used i n  t h i s  study. 

The 
Typical abort 

The manned payload i s  recoverable, t h e  unmanned payload is not 
recoverable. 
configuration and mission cosbshould be considered for  the  
two cases. It is assumedthat t h e  second stage guidance, 
engines, etc. ,  will be recovered with the  payload whenever 
possible. 
guidance I s  not required. 

The ef fec t  on the  navigation and guidance 

Detailed study of payload recovery navigation and 

The effect  of: the  number of launch vehicle (and payload) crew 
members on the  navigation and guidance design I s  t o  be 
considered, 

An itemized cost analysis i s  desired fo r  development and 
pmducticln t o  support cost  effectiveness studies. 

A prellninery design l eve l  of d e t a i l  i s  acceptable for equ ipen t  
studies.  
e l e c t r i c a l  power and environmental conditioning f o r  potefitial 
problems. 

Consider'interfaces between subsystems such as  
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2.2 Vehicle Characterist ics 

Flight p e r f o m n c e  studies done i n  Phase I are reported i n  W-113016-5. 
SumPPRrizing these results, Figure 2-2-1 shows t he  v eh ic le  performance 
f o r  the several missions i n  terms of stage 2 weight (stage payload) 
and/or o r b i t a l  payload. 
specified etatement of work values. Fuel and payload were then 
traded using appropriate exchange m t l o s  for o r b i t a l  payload as 
described i n  Appendix A l .  
best obtained du r ing the  preliminary Phase I studies. Improved 
performance results were developed in Phase I1 and me reported 
i n  D2-113016-5. 
t he  following design constraints.  

The gross weight and empty weight are the  

The performance results given are the  

The maximUm vehicle performance is determined within 

Stage 1 Design Constraints 

Maximtrm Mach Number 7 

Maximum Dynamic Pressure 
Maximum Propulsion System 
In terna l  Pressure 

Maximum Normal Load Factor 2.5 

Maximum Sonic Boom Overpressure 143 N/m2 ( 3 PSf) 
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2.2.1 Nominal; Vehicle Characteristics 

The vehicle under consideration is  an earth-to-orbit launch system composed 
of an aerodynamically supported air-breathing first stage and a b a l l i s t i c  
rocket second stage. The first stage s t ructure  is  made up of nickel a l loy 
heat shields and aerodynamic control surfaces, high temperature insulation 
and titanium load carrying structure for  iring and-body. -,The .propulsion. 
system consists of subsonic burn ng l iquid hydrogen turboamjets w i t h  sea 

fuel consumption data are described i n  reference 1. The second stage is  
an expandable l iquid oxygen/liquid hydrogen rocket vehicle with startburn 
thrust-to-weight r a t i o  of 1.5. The vacuum specific impulse is specified 
to be 420 8ec. 
propellant weight. 

level static thrus t  of 1.22 x 10 8 (275,000 pounds). Thrust and specif ic  

The s t ruc tura l  weight i s  considered t o  be 13.3$ of the 
The configuration geometry i s  as follows: 

, Stage 1 

IJength 
Body Volume (Sears-Haack Shape) 
Wing .Planform (edges extended t o  

Wing Aspect Ratio (delta planf'onn) 
Wing chord thickness r a t i o  
"95.4 m (312 fee t ) ,  2,020 m (71,500 f t 3 )  f o r  

vehicle center l i ne )  

cruise vehicle 

stage 11 

Length 
Diameter 

Reference area 

87.9 meters 
1,600 m3 

32.6 m 
2.7 m 

' 5.78 m2 

( 288 f t ) *  
(56,600 ft3)* 

( 107 ft) 

( 62.2 ft2) 

( .  9.8 f t )  

The aerodynamic data for the first stage vehicle is shown In  Figure 2.2-2. 
It is based on the cruise vehicle but is  considered sat isfactory for  the 
boost vehicle a8 w e l l .  
assumed t o  be a constant value of 0.13 based on the reference area of 
(62.2 f t2) 5.78 m2, 

The drag coefficient of the second stage w a s  

The vehicle character is t ics  were taken d i rec t ly  from the  specifications f o r  
t h e  study and supplemented where necessary with reasonable assumptions. 
No attempt was made t o  optimize or alter the prescribed data. Optimization 
of operational character is t ics  were assumed t o  have no feedback on vehicle 
character is t ics  
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The d e s i o  wi@s f o r  $he 3,710 lm. (2330 nou t l ca l  mile) offse t  lmmch 
mission and the 9,260 km (5OW naut ical  mile) cruise are a8 follows: 

' Weiht  9, 260 kn: (5,000 N . M .  cruise) 

Gross 227,000 kg (5OO,OOO l b s . )  227,000 kg (500,000 I b s . )  

3,710 'm (2000 N.N. Offret)  
I 

d Empty lOk,OOO kg .(230,200 lbs:) 131,000 kg (289,300 l b s . )  ' 

Further vehicle confi,yration data are given in 

Richard H. Peterson, Thomas J. Grepry, and Cynthia L. Saith, 
Sone Comparisons of Tur3ojet-Powered Hyyerson-tc A i r c r a f t  for Cruise 
an2 Boost Wmions,  A I M  Paper No. 65-759, Nov, 15-18, 1965, 
Los Angeles'j Gqlifornia, Natlonal Aeronautics and Space 
Administration; ,hbffett Field, California, (1 

.. .\;I . 
Thorias J. G r r e r y j  Richard H. Peterson, and John A. Wyss, 
"Performance, $mdeoffs and Resemch Problems f o r  R$pxson.lc 
Transports, 'lts';Tburnal of Aircraf t  V o l .  2, No. 4, July-August, 1965. 

. . .  . 

c 
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2.3 Alternate Nsvipt ion Techniques and Associated Error Analysis_ 

Navigation i s  defined as t h e  process of determining the  cur.-mt values 
of t he  vehicle posit ion and velocity compnents. Alternatr navip-tion 
techniques d i f f e r  i n  the  type of sensors used and i n  the p.%edures t o  
process the measurements t o  minimize e r ror  effects .  
Stage 2 navigation techniques w i l l  be described andtypicJ.1 accuracy 
performance w i l l  be est iss ted,  
w i l l  also be described. 

Stage 1 and 

Attitude alignment t ransfer  techniques 

There are two technology bases for  obtsining navigation and guidsnce 
systems for t he  airbreathing first stage/rocket second stage launch 
vehicle. 
that have been developed fo r  ground launched missiles and launch 
vehicles. 
for mil i tary and cormcercial airplanes. 
veniently divided in to  three ca tewr ies :  (1) exis t ing operational 
systems, (2) systems under development, end (3) possible future 
systems 

The first technology base i s  the femily of guidance systems 

The second base is  t he  family of navigation systems developed 
The state of t he  a r t  i s  con- 

Navigation and guidance of the a i r  launched rocket second staw d i f f e r s  
f r o m  conventional ground lamched guidence i n  t he  gea te r  d i f f i cu l ty  
of specif 'yingthe i n i t i a l  conditions a t  t h e  s t a r t  of rocket thrust .  
The i n i t i a l  conditions required are  t h e  three components of position, 
three components of velocity, and the  knowledge of t he  direct ion of 
the three reference coordinate axes. These i n i t i a l  conditions may be 
obtained by so lv ingthe  cruise phase navigation problem with the 
second stage guidance system, o r  by using the  outputs of the first stage 
navigation system t o  t ransfer  the  i n i t i e l  conditions t o  t h e  second 
stage system. 

2.3.1 Stage 1 Navigetion Techniques 

A number of navigntion techniques have bee3 considered includiag a i r  
data instruments, doppler radar and astrocompass, i n e r t i a l  systems, 
aided i n e r t i a l  systems, ground based rsdio aids, and n a v i s t i o n  satell i te 
systems. An on-board dead reckoning navigation system I s  necessary 
i n  a l l  cases. 

(1) 

One of the  simplest dead reckoning navigation sensor combinations i s  a 
mametic compass and t rue  airspeed meter. 
weather data o r  by using a series of posit ion fixes obtained wi th  the 
available navigation aids. I n  the  current application requiring world 
wide coverage, the  navigation aids would be the Omega system o r  a navi- 
gation satellite system. The accuracy of true air-speed determined f r o m  
mdasurements of dynauic pressure and s t a t i c  pressure at  hypersonic 
speeds has not been determined. However, based upon subsonic experience 
t h i s  type of system is estimated t o  have a dead reckoning accuracy of 
3 t o  5% of the  distance traveled. 
navigation of the  first stage (using an accurate second stage navigation 
and guidance system for  the outbound phase) the posit ion e r ro r  after 
3704 kn (2000 nautical  miles) would be llOto 185 km (60 t o  100 nautical  

True Airspeed and Magnetic Compass 

Winds are estimated f r o m  

If t h i s  system were used f o r  re turn 
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- m es . n n approach aids for  the  terminel 260 km 1 0  d 1 r e & L 3  %!icf as Tacen, VOR o r  an airfield located s!ir?eillanc 
radar or tracking radar. 
landing approach errors.  
takes this system out of the simple category. 
at this point t o  fur ther  define t h e  characterist ics of this system since 
it i s  generally considered obsolete as a navigation system. 
an airspeed meter i s  required t o  aid i n  pi lot ing on takeoff and landing. 
Airspeed data, pressure al t i tude,  and air density can also be important 
inputs t o  the guidance f'unction t o  minimize performance penalties 
associated with avoiding flight prof i le  constraints. 

(2) Mapping R a d a r  Position Fixes 
Mil l t l ry  a i r c ra f t  of t h e  boqbor or intercont i iental  tr2nsport type have 
used airborne mapping radar t o  obtain position f ixes  and wind measurements. 
Accuracy a f t e r  the position f i x  has been about 3% of t h e  distance traveled. 
Ampping radar i s  not applicable t o  the current launch vehicle because of 
the  worldwide launch requirement. The airbreathing stage flight path could 
be en t i re ly  over water. 

(3)  
Yelocity i 'Somc+,im cbt t l ixd  frol?. CI rlo2pler r a d c  has 5een f r r  WP for ~m.e 
time on mil i tary and c m e r c i a l  a i rc raf t .  I n  this system, the doppler shift 
obtained from each of three or  four ground pointing bcaslls i s  used t o  compute 
the vehicle velocity magnitude and direction wi th  respect t o  the vehicle 
primary axes. An external heading reference is used t o  resolve the velocity 
in to  Eorth and East components. 
measurement i s  about 0.15 f o r  the  higher accuracy systems. 
of the position computation i s  highly dependent on the accuracy of the 
heading reference, which incidentally, must be aligned t o  the antenna beam 
axes t o  a high degree of accuracy. The accuracy of a magnetic compass can 
rarely be counted on t o  be be t te r  than 0.5 degrees, resul t ing i n  a 0.8$ 
d r i f t  velocity error.  If better accuracy i s  required, a high accuracy 
gyro heading reference i s  used. Tests of a comnercid. doppler navigation 
system (10) show an er ror  of less than 2$ over 90$ of the f l i gh t s  using a 
compass reference. 
navigator i s  O.43$ when used with a gyro heading reference and 1.7% when 
used with a compass heading reference. 
better heading sensor and improvement i n  the leve l  a t t i t ude  reference. 

m e 1  reserves are  required t o  campensate fo r  the 
The complexity of the required landing aids 

Detailed work i s  not planned 

However, 

Doppler Radar and Mase t ic  Coffipass 

"he-accuracy of the longitudinal velocity 
The accuracy 

The expected error of a current mil i tary doppler 

Accuracy improvement requires a 

(4) Doppler Radar and Astrocapass 
Improved hea3ing dp.tp can be obtained with an astroconpass user3 t o  t rack 
stars at night EX? the  suc or P O O ~  during the day. 
star tracking simplifies the stax acquisition problem when a moderate 
accuracy l eve l  a t t i t ude  reference i s  used. 
function of leve l  accuracy fo r  star elevation angles above the horizon; 
there i s  a one-to-one correspondence a t  a 45" elevation angle. 
supersonic a i r c ra f t  i n s t a l l a t ion  a bubble tracker window would not be 
allowable and the feasible  elevation angles with a flush window ins ta l la t ion  
would be 45" or greater. 
with re la t ive ly  l o w  cost and performance leve l  references. An astrocaflpass- 

Linita+,ion to night 

Azimuth accuracy i s  a d i r ec t  

In  a 

Typical astrocompass heading accuracies are 0.1" 

- 
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doppler radar navigation system has an estimated accuracy of 0.2 t o  15. 
The accuracy of the computer f o r  the dead reckoning integration of velocity 
components becomes a factor.  
achieve the  potent ia l  available i n  the sensors. 

Digi ta l  integration becomes desirable t o  

Doppler radar and astrocompass sensors a re  limited i n  accuracy by the  leve l  
reference. 
motions requires acceleration measurement to torque the platform. 
tuning of the platform leveling servos makes t h e  platform insensit ive t o  
accelerations. Schuler tuning i s  obtained by double integration of the 
acceleration measurements and adjustment of the glatform torquing scale 
factor  so t h a t  the angle t h a t  the platform i s  turned is equal t o  the  ear th  
central  angle corresponding t o  the distance traveled. 
platform a t  the loca l  l eve l  reference condition. 
of gyro and accelerometer components, the l eve l  platform t h a t  i s  required to 
improve Doppler-astrocompass accuracy has the functional capabili ty of a 
pure inertial .  navigator. 
of-the-art have made i n e r t i a l  navigators competitive i n  cost and complexity 
and potent ia l ly  be t t e r  i n  accuracy. 
astrocompass system and a pure i n e r t i a l  system has been resolved i n  favor 
of the pure i n e r t i a l  sycten for  a number of recent applications. 

To maintain l eve l  during aircraft accelerations and turbulent 
Schuler 

This maintains the 
Except f o r  the accuracy 

Improvements i n  gyro and acceleroneter s ta te-  

The t rade  between a Doppler radar - 

( 5 )  I n e r t i d  IIavigators 

The high veloci ty  and re la t ive ly  short  mission time of the cruise launch 
vehicle make the choice of ar, i n e r t i a l  navigation system a t t rac t ive .  
errors  i n  a cruise i n e r t i a l  navigation systeln are predorninately t i n e  
dependent and have re la t ive ly  l i t t l e  dependence on the distance travelled.  
The posit ion errors i n  an undcunped i n e r t i a l  navigation system tend t o  
grow without bound. 
three accuracy classes of i n e r t i a l  navigation systems. 
errors  have been included. 

The 

Table 2.3-1 shows the sinGle axis errors vs tixce fo r  
Only predominate 

(6) Aided I n e r t i a l  Systems 
Because the  posit ion error  due t o  gyro d r i f t  increases i n  an unbounded 
f a d d a i n  an i n e r t i a l  navigation system, auxi l iary sensors are  used 
-Lo djmp the  system error  and/or rese t  the  vehicle pcsit ion.  Means eriiploy 
include (1) doppler damping, (2)  s t e l l a r  damping, and (3)  position fixes. 
I n  the absence of posit ion fixes,’doppler and stellar sensors damp the 
system. error  output, but do not eliminate it completely. 
a re  used t o  update position and also damp the  i n e r t i a l  navigator error, 
i f  desired. Table 2.3-2 f r o m  the  Bocing C5-A guidance study (ll), shows the 
errors  for four nodes of operation of a stellar-inertial-doppler system. 
For the qual i ty  of i n e r t i a l  system. chosen (which i s  a high accuracy system), 
the doppler information improves the system by only 33s. 

Position f ixes  

The combination of an i n e r t i a l  navigator and a Doppler radar takes a d i f fe r -  
ent detailed form depending on the r e l a t ive  accuracy of the  two devices 
under consideration. 
gyro and acceleroneter errors.  
effects  i s  84 minutes. 
variations i n  t e r r a in  ref lect ions and re la t ive ly  small mount  of low 
frequency noise. The combination of the two devices i n  a veloci ty  dami>ing 
mode of operation i s  a f i l t e r  design problem t o  r e j ec t  as much noise as 
DOSSible. 

The i n e r t i a l  system has low frequency noise due t o  
The fundamental period of the error  

The Doppler radar has high frequency noise due to 
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An i n e r t i a l  qua l i ty  platform i s  requlred t o  make a daylight star 
t racker  feas ib le .  A very narrow star t racker  field of view is required 
t o  r e j e c t  background sca t te red  list so t h a t  the  s t a r  s igna l  is grea ter  
than the background. The i n i t i a l  angular E r r o r  must be small so tha t  
the  star sear& and acquis i t ion problem cz-? 5c solved i n  a reasonable 
time. Thus, the  star t racker  becomes an auxil3_r.~.y device f o r  correct ing 
gyro &-if+, and the inertrial  navieatar i s  the basic functfanal component. 
Th i s  i s  t he  evolutionary form of the night- t ine astrocompass. 

I n  a s t e l l a r - i n e r t i a l  system, a star t racker  i s  used t o  measure the  
angles t o  two s t a r s  t o  provide a system correction. 
be used t o  apply t he  correction. 
l e v e l  reference is  per fec t  and correct  the  posit ion,  and t he  other  
method is t o  assume the  posi t ion is perfec t  and correc t  t he  platform. 
Operational considerations usually d i c t a t e  which method t o  w e .  For 
example, if the s t e l l a r  t racker  is w e d  t o  aliga the  platform immediately 
after takeoff, the second nethod i s  used, since %he posi t ion e r r o r  w i l l  
be s ~ i a 1 3  -7’1)a.red t o  the alignment e r ror .  
f o r  bot11 ethods i s  the  same. 
erAc. block diagrams f o r  the  s t e l l a r  monitored iner t ia ,  :-*-igation sys- 
t c x .  
So gyro random d r j f t  and s t e l l a r  t racker  random er ror .  
noted t h a t  thiB analysis  asimnes contin?lotm tracking. 
t racker  is used, t h i s  i s  impossible, since two stars are needed /or a 
s t e l l a r  update. 
compared ,to the  system e r ro r  response tire, the  approxinuetion t o  c :- 
t i nuow tracking i s  valid. 

Aided I n e r t i a l  VS. Pure Inertial 

For the  short  mission t h e  of the  first stage, it appears t h a t  a moderl e- 
t o -h i e?  cccirracy i n e r t i a l  navigation s,vstPm i s  aCeq3mt.e. Such a systea 
would have en e r ro r  of 1.85 km per hour (1 N.M. per hour) o r  less. The 
additio: ‘J. doppler o r  stellar information would be based mostly on 
operatlciial  and 2q l \ ab i l i t y  considerations. 

?’. - > l c r  damping doe2 rlot look n t t r ac t ive  f o r  the  f o l l a r i n g  reasons: 

(1) Current operaQhal doppler systems (e.g., b58) have an a l t i t ude  

This Goes not meet the  f i r s t  s tage requirements; thus, a 

Two methods can 
One method is t o  assume the  platform 

I 

The q r s t 4 . r :  e r r o r  response 
Figure 2.3-1 (12) shows the  single axis  

Figures 2.3-2 and 2.3-3 show the  single channel err.,A ;-esponse due 
It &ko;;ld be 

When only one 

If, however, the  frequency of s t e l l a r  updating *., high 

- _  1 

a !. 
.I ;I 

capacity of 21 ,b ( 70, COO ft . ) and speeds t o  2800 km per  hour (1500 
knots). 
deveiopment prbgrm. would be requi rce  which h c r e a s e s  cost  r e l a t i v e  t o  
other  techniques w i t h  competitive accuracy. 

(2) Doppler operation i s  not r e l i a b l e  over a calm sea. 

(3 )  The improvement i n  accuracy over a high accuracy i n e r t i d -  system 
c 

. 
i r  m r g i n a l  in this appl icat ion.  

, .  . . .  . 

SHEET 14 

i .  



b 

.- 

e 

BU'2"G 

* 
J z 
0 
J 

K 
W 
I- 
U z 
z w 
I- 
t 
Q! z 
W 
n 
I- 
K 
0 
U 
W 
v) 
3 

5 

~2-1130~6- 6 No- 

The stel lar- iner t ia l  system offers  higher accuracy than the doppler 
i n e r t i a l  system. It d s o  has an important operational advantage of pro- 
viding an in-fl ight f i ne  platform alignment after takeoff. 
tracker, acting as a monitor, also insures tha t  the  i n e r t i a l  platform i s  
kept i n  a "tuned-up" condition, r e u z i n g  the f u l l  capabili ty of the 
i n e r t i a l  s y s t e m .  
higher cost, increased cornputer capacity required, and problems i n  providing 
opt ical  windo%% i n  the launch vehicle. 
and errors  due t o  thernial gradients i n  t h e  windov may also be c r i t i c a l  
problem f o r  8 Stage 1 ste l l a r - ine r t i a l  system. 

The s t e l l a r  

Disadvantages i n  using a stellar tracker include the 

Shock wave diffract ion errors  

The addition of a dopplcr radar or a star tracker a i d  w i l l  have a greater 
influence for  the 9,260 km (5ooO nautical miles) cruise mission. 

(7) Advanced I n e r t i a l  Systems 
One 04 the  most proxisin;: of the advaced inertirrl  systeE concep3s i s  the 
e l ec t ro - s t a t i cd ly  suspended gyro (ESC) syste3, md i n  parf,iciil?Lp, the 
ct-apdovn E% systefl. %e ecc?i?-acy cf 9 rtrapdown ESG system i s  comparable 
t o  that of contempormy platform systems. 
between a conventional gyro platform systen using corwentional gyros and an 
ESG strapdorm system using currently available technology (13) .  

Table 2.3-3 shorn a comparison 

Error Come c t  i on 
A sins1-e position f i x  w i l l .  correct the accvmlzted e f fec t  of i r , e r t i a l  
navigator error  smrces on positio3. 
(the take off coordinates fm exaxpl-e) the9 the pos i t im  error  a t  the f i x  
point allows cn estimate of the  aversgc velocity e r r c r  when the elapsed 
ti-nle is obscrvzd. Addltionll posit ion f1:ces rrovid? the c ~ p o r t m i t y  t o  
obtain cdditiom.1 e s t i m t e s  of e r rc r  eowces. 
t:chnicpos (Yne Kahzn M l t e r )  have bee? applied f o r  pa-rmeter c s t imt ion .  
AP alternate diGitaS. fi l terin::  technique, conventional. Bayes weighted least 
cqtixres parmeter  estirxitir-g, has been shown t o  be PquivCent, C o g . ,  
reference 2 ,  
of data processing convenience. 

If the i n i t i a l  posit ion i s  also known 

Re  xwsive cic.tr. prclcessiig 

5.e choice cf cligftal f i l t e r  td - -dqxe  i s  largely a m t t e r  

The d i g i t a l  f i l t e r  apprcach can a l so  be used for velocity mixing, star 
tracker data processing, or  s w e  other Sensor application. The d i g i t a l  
f i l t e r  d e s  best  use of nieasurenents made a t  different  t ines  along the 
path and takes i n t o  account cross-coupling effects  i n  the  propasation of 
errors  along the path. 
along the  path t o  m a k e  measurements f o r  e r ror  components of in te res t .  

This model can suggest sensor types and places 

Digi ta l  f i l ters also smooth noisy redundant data. This process can be 
thought of as curve f i t t i n g  t o  noisy data samples. The ef fec t  of bias  
errors  and changing errors  mst be included t o  avoid un rea l i s t i c  conclusions 
t h a t  can be obtained by analyzing the smoothing of random errors  only. 

(8) Radio Navigation 

OIvEG.r\ (References 3-5) 
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The OMEGA system is the only ground radio navigation system t h a t  can 
provide near world-wide coverage. 
radio navieation system which uses a very low frequency (W) carrier 
of 10.2 kilo-hertz. 
possible global coverage using only eight stations.  
l ines  of gOOO t o  11,OOO km (5OOO t o  6000 nautical  miles) results i n  
available line-of-position crossing angles of not less than 60 degrees, 
which allows accurate f ixes  anywhere on the Ear th .  

The OMEGA system is a hyperbolic 

The low propogation attenuation of W waves nizke 
The very long base- 

The OMEGA signals consist of 10.2 kilo-hertz continuous wave pulses 
transmitted sequentially from each of eight s ta t ions.  
8ynchronized. 
Ident i f ies  the s ta t ion  i n  the navigator's receiver. 
synchronized on UT-2 t i m e  w i t h  the  10 second period beginning a t  oo00 
hours and repeating at  10-second intervals.  

The FtMS fix accuracy obtainable f r o m  an 8-station global network is 0.9 lan 
(0.5 miles) daytime and 2.2 km (1.2 miles) night time. 
perimental system, with s ta t ions i n  Hawaii, Canal Zone, New York, and 
England, has accuracies which approach these values i n  portions of the 
coverage area. 
b i l i t y  of the signal propagating medium. During t ransi t ion hours near 
sunset and sunrise, the phase of the W signal changes rapidly, result ing 
in high instantaneous errors  durlng t h i s  period if accurate corrections 
are not known. 

All stat ions ar? 

The en t i r e  system I S  

The pulse length and i ts  posit ion i n  the 10-second period 

The present ex- 

The l i m i t i n g  f ac tor  i n  OMEGA system accuracy i s  the sta- 

Application of OMEGA to the Mission 

It I s  not expected t h a t  the OMEGA system w i l l  be applicable as a prime 
navigation mode for the following reasons: 
1. Since at  least 10 seconds are required f o r  a fix, during which a Mach 7 

vehicle travels 24 lm (13 N.M.), a dead reckoning system m u s t  be 
provided. 

2. System fix accuracy during t w i l i g h t  and dawn period i s  not adequate. 

3. For the re la t ive ly  short cruise vehicle missions, the accuracy of an 
OMEGA f i x  is  no better than the  accuracy of a good iner t ia ldead 
reckoning system. 

( 9 )  Navigational Sa te l l i t e s  (References 6-9) 

O f  the navigation satellite concepts studies so far, only one has reached 
the  tes t ing  phase, t h i s  being the Navy navigational satel l i te  system. The 
navy system uses the measurement of the doppler s h i f t  of 200 mega-hertz 
car r ie rs  transmitted from two pa i r s  of o r b i t a l  positions. The accuracy 
of the fix depends on the tracking time, but approaches 0.5 km (0.25 NM) 
for airplane tracks. The accuracy of the  f i x  is  highly dependent on the  
knowledge of vehicle velocity. 
l i ke ly  come from a dead reckoning system such as an i n e r t i a l  navigator o r  
a doppler radar system. 
update vehicle posit ion during the  tracking period. Three s a t e l l i t e s  are 

This velocity information would most 

Also, the dead reckoning system i n u s t  continuously 
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now deployed i n  1100 km (500'N.M.) circular  polar orbi ts .  
of current navigation satellite concepts is  shown i n  Table 2.3-4. 
u t i l i t y  of using navigation satellite posit ion f ixing is somewhat 
limited f o r  a hypersonic cruise vehicle because of the  relat ively low 
f i x  frequency and the requirement f o r  a dead reckoning system t o  augment 
the  f i x .  Since the navigation satellite f i x  is dependent on the  dead 
reckoning system, it cannot be used as a backup t o  it. 
of the  dead reckoning system cannot meet mission requirements, the navi- 
gation satellite f i x  begins t o  look more a t t rac t ive .  

A synopsis 
The 

When the  accuracy 

The OMEGA system and navigational satellites xi11 be considered f o r  
updating low accuracy onboard navigation systems and f o r  r e l i a b i l i t y  
Improvement and checking of high accuracy navigation systems. 

(10) Short Range Navigation 

For navigation during the takeoff and climb, and descent and landing 
phases of the  f l igh t ,  use w i l l  be made of ground navigational a ids  such 
as VOR T A M ,  ground radar tracking, and ILS (instrument landing 
system! systems. 
posit ion fixing. 

(11) Altimeter 

I n  addition, use is often made of weather radar f o r  

For a l l  of the navigation systems considered, an altimeter i s  necessary 
f o r  the Stage 1 vehicle t o  prevent the buildup of large a l t i tude  errors  
or t o  avoid excess system complexity. Both pressure al t i tude,  obtained 
f r o m  t he  air  data system, and t rue  al t i tude,  obtained from a radar 
altimeter should be provided. 

A large number of a l ternate  Stage 1 navigatiotl concepts have been 
b r i e f ly  described. A number of these concepts can be eliminated from 
the considerations given i n  t h i s  section. The next section considers 
the Stage 2 azimuth alignment problem and 2.3.3 then develops comparative 
er ror  analyses fo r  injection in to  a rendezvous t ransfer  orbi t .  
penalt ies due t o  error, r e l i ab i l i t y ,  and cost data are analyzed and then 
combined i n  tradeoffs i n  Section 2.8. These tradeoffs a re . the  basis 
fo r  selecting the  most promising navigation concept. 
resul t ,  pure i n e r t i a l  naviwtors  have adequate accuracy and minimize 
launch vehicle ins ta l la t ion  problems. Navipiition s a t e l l i t e s  and the  
Omega system are of value for  updating and inf l igh t  monitoring of an 
advanced navigator. 

Payload 

Anticipating t h e  
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TABU 2.3-2 MODE ACCURACIES - sm~lwi ~ ~ R T I A L  DOPPLER symm 

MODE 

Stellar-Inertial-Doppler 

Doppler-Inertial 

Stellar-Inertial 

Inertial 

Doppler Dead Reckoning 

Dead Reckoning 

PRIMARY ERRORS 

1. G y r o  D r i f t  

2. Accelerometer Null Stability 

3. Accelerometer Scale Factor 

4. Tracker Accuracy 

5. Doppler Ground Speed 

POSITION ACCURACY (C") 

0.91 km (3000 Feet) 

0.93 km/hr (0.5 NM/HR) M a x .  1st Hr. 
2.8 km/hr (1 .5  NM/HR) M a x .  13 hours 

Thereafter 

1.4 km (4500 Feet) After 14 hours 

1.4 km/hr (0.75 NM/HR) M a x .  1st Hr. 
3.7 km/hr 2 NM/HR Max. 13 Hours 

Thereafter 

1% of Distance Traveled 

Variable 

,005 deg/Hr. random, leve l  axis 

10 sec. 

, 
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e Single channel e r ror  diagram 
showing stellar corrections 
applied t o  t h e  platform and 
gyro bias. 

accelerometer 
bias  e r ro r  

scale  fac to  
e r ror  

alignment 
e r ro r  

angle e r ro r  
between 
platform and 
true axis 

---c 5 
s t a r  

-tracker 
+ er ror  

3 - 

Single channel e r ror  dia- 
showing stellar corrections 
applied t o  computed position 
and gyro bias.  

n 
accelerometer e , angle e r ro r  
bias err0 velocity between plat- 

form and true 

t -  
1 
S 
- + - 1 

S a 
alignment b 

error 
- _ L  

e r ro r  

Fig. 2.3-1 Error Block Diagrams f o r  
S te l l a r - Ine r t i a l  Navigation System - 
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time = 1 hr. 

1. Free Inertial  
2. = .8, 7” = 1Min. 
3. 4? -8, = 2 Min. 
4. = .8, 7 = 5 M b .  
50 c = .8, 7 = 10 Min. 
6. 9 -8, ?‘= 30 Min. 

Fig .  2.3-2 
Stellar-inertial  position 
Error vs Operating Time. 
Error due t o  .01 deg/hr 
level gyro drift ,  correlation 

Fig .  2.3-3 
Stellar inert ial  position 
Error vs Operating Time 
Error due t o  a 1 a r c  sec 
tracker Error, correlation 
the = 5 Min. 
1. Free Inertial 
2. C = .8, T = 1Min. 
3. c = .8, = 2 Min. 
4. e = .8, 7 = 5 Min. 
5. C = .8, V = 10 Min. 
6. < = .8, 7 = 30 Min. 
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Stage 2 

The specification of i n i t i s l  corditions during prefli&-t CM be 
accomplished f o r  a fixed base t o  almost any required accuracy. 
reference coordinate frarqe orientation can be established within 5 
t o  10 a r c  seconds using conventional op t ica l  tedlniques. 
and veloci ty  are detcrcdned by the fixed base. 
base great ly  !.urneases the coaplexity of establishing the i n i t i a l  
conditions alkhough t h i s  i s  now done routinely with such systems as 
Polaris and a i r c r a f t  operating from carr iers .  

2.3.2 Alignment Methods 

The 

I n i t i a l  position 
hunch f r o r n  a noving 

Icvelina 

In-fl lght leveling of a stage 2 i n e r t i a l  platform c m  be accomplished by 
using a stage lmaster plztforr;! as a reference. 
velocity between the rmster platform and secondary platfornu i s  used as 
an input t o  the torquers of the secondary p l a t f o m  gyros. 
platform i s  torqued u n t i l  the two p la t fo rm have the  same velocity 
output when averaged over the t i n e  constant of the leveling loop. 
I n  8 t h i rd  order mechanization g p o , d r i f t  error  e f fec ts  are eliixJnated 
and the accuracy of l eve l  s determined by the secondary platform 

error.  
platfoim noise errors  m y  double the error .  
40 seconds of a r c  can be expected a t  separation of stage 2 with an 
inexpensive stage 2 platform. 

The difference i n  

Tine secondary 

accelerometer bias. A 10' i e; bias gives a 20 second of a rc  leveling 
Structural  osci l la t ions between the two p la t fo rm and master 

Thus, a l eve l  accuracy of 
* 

Azimuth A l i m e n t  o r  Transfer 

The c r i t i c a l  technical problem- with a Esstcr plz*fom - secondcry plat- 
fo-m con3guratiorL is s z i z x t h  allgraent of the stco-iclx-y platforz.  
number of a l te rna te  t r m s f e r  methods and alignmefit nethods can be 
considered. 
(1) Ground-based alignment 

I: 

€?re-takeoff leveling and a z i m t h  a l i p - e n t  of t'ne stage 2 i n e r t i a l  
platform requires a low drift  rate azimuth gyro. 
2 can be held re la t ive  t o  a stage l m a s t e r  platform by the levelin& 
mode. 
accuracy f o r  various gyro d r i f t  r a t e s  is: 

Level of stage 

After a 40 n i m t e  f l i g h t  t o  the  steging point the azimuth 

G y r o  d r i f t  rate 
(degrees/hour ) * 

1. 
0.1 
0.01 
0 . 001 

Azimuth e r ror  
de,grees 

0.7 
0.07 
0.007 
0 003 

(2) Stage 2 star tracker 
The use of a star tracker fo r  azimuth measurement requires a pre- 
cision window and additional computer capacity. 
of stage 2 m y  be require6 t o  put the desired star i n  the star 
tracker search f i e l d  of view. 

A r o l l  maneuver 

REV LTR 
U3 4288-2000 REV. 1/61 



z /- w Y ‘  P s 
w 

8- 
K 
0 
Y 

w 
v) 
3 

a 

NUMB E R E-113016- 6 
REV LTR 

Star acquisit ion 20 seconde after beginning search is  expected 
for a epod desim. The d e s i g a t e d  star i s  chosen with care  t o  
avoid acquisit ion of the  wrong star. 
manned p a y l o ~ d  would be par t icular ly  vslunhle t o  check t h e  operatior. 
of gyros and t o  provide e backup wttitude reference. 
arc angle neasuring accuracy c m  be obtRined. 

Use of a stsr t racker  for a 

10 second8 of 

Synchro azimuth t ransfer  
Synchro t ransfer  of vehicle azimuth angle from a naster platfor!?! t o  
8 secondary p l a t f o m  is inaccure.te because of s t ruc turn l  deflections.  
Severnl depee deflections are  typical  in turbulent sir. Structurs l  
weight minimization requirement E; m k e  accws te  synchro azimuth 
t ransfer  imprctc t i c a l  . 
Opticnl tranfifer 
Optical azh i i th  t rus fer  between two plstforms requires an unobstruct- 
ed l i n e  of R i g h t .  
mirrors on the  i n n e r  gLmbal of a platform is  imnractical f o r  an 
s.rbitm.ry launch vehicle heading. Synchro t ransfer  cRn be corrected 
with an q t i c a l  meaeurenent o f t h e  s t ruc tu ra l  deflection between the 
s t ruc tura l  baees on which the platforms are mounted. 

Accomplishing t h i s  with opt ice l  instruments or 

Gyro-compassing 
I n  f l ight  gyro-compassing with Rn accurate azimuth p on a stage 
2 platform i s  l i m i t e d  by the  ~ c c u r a c y  of  vehicle velocity. Better 
performance is obtAined with pref l i&t  alignment with the nccurate 
azimuth gyro required for  aro-conpsssing Rnd t h e  r e l a t ive ly  short  
fli&t time of t h e  basic mission. 
po ten t ia l  modes of pref l ight  azimuth a l igmen t  . Gyro-compassi?lg is one of t h e  

Velocity chAnge rratching 
Azimuth t r ans fe r  can be acconFlish9d by comparing the veloci ty  
change measured by the  master platform w i t h  t he  veloci ty  change 
measured by t h e  secondary platform and a t t r i bu t ing  differences t o  azi-  
muth errors. 
comparison. Three e r ro r  sources determine the  resu l t ing  azimuth 
accuracy. (a) the  master p1Fttfox-n azimuth error, (b) vehicle azimuth 
oscillations (say 3 m/sec, 10 f’ps) divided by the  input veloci ty  
change igay 0.9 km/se~,~3000 0 s )  gives an Rzimuth e r ro r  i n  radius 
(3 X 10 radians = 0.2 ir, t h e  exmple), (c) t he  a b i l i t y  of t h e  
secondary p1P.tfox-m t o  hold t h e  alignment a f t e r  t h e  maneuver. 

A veloci ty  change o r  vehicle t u r n  i s  required. f o r  the 

Position data  use f o r  azimuth alignment 
Posit ion data obtained from t he  master platform is compared with the 
posi t ion data output of a stage 2 i n e r t i a l  n a v i p t o r  using a weighted 
least squares d i g i t a l  f i l t e r  (or Kalman f i l t e r ) .  
process eves  esttmstes of a t a g e  2 navigator e r ro r s  including 
azimuth a l i m e n t  errors .  Gyro bias d r i f t  errors can also be 
estimated. For a s ingle  tu rn ins  maneuver comparison the  posit ion 
data  method reduces t o  the  velocity change matching result. 
However, t h e  posi t ion date d i g i t a l  f i l t e r  method has several  advant- 
ages. Data over e l o n g r  time in te rva l  is used so t h a t  smaller 
maneuvers are required for  a given azimuth error;  t h i s  zay provide 

The f i l t e r i n g  
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8 signif icant  operational advantage fo r  some launch vehicle nissionc. 
Alco, the  e f fec t  of vehicle azimuth osci l la t ions can be estimated 
using multiple posit ion data canparisons over several  oscil lations.  
%is potent ia l ly  could improve the  azimuth accuracy compared t o  
veloci ty  match methods. 
establish the magnitude of the accuracy advantage. 

Further detailed study i s  required t o  

The selection between Stage 2 azimuth alignment t echn i~ues  can be 
made from a study o f t h e  tradeoffs in Section 2.8. 
there t h a t  accurate pref l ight  alignment of a Stage 2 i n e r t i  
navigator and use of high q m l i t y  gyros t o  m i n t a i n  the 
I s  8 cost-effective answer. 

It is hown 
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2.3.3 Stage 2 Navigation Systems and Error Analysis 

A number of a l te rna te  Stage 2 navl@;ation and guidance configurations are 
defined t o  obtain a range of accuracy performance. Alternate alignment 
techniques are used: 
platform, (2) pref l ight  aliepment of the  Stage 2 i n e r t i a l  platform, and 
(3) alignment with a Stage 2 star tracker.  
made t o  describe the  errors  a t  the p o i n t  of injection in to  the transfer 
o r b i t  at  74 km (40 NM) a l t i tude .  The Stage 2 velocity gained during the  
transfer injection thrus t  period i s  approximately 6 km/sec (19,500 FFS.) 
me accuracy performance of each configuration is  summarized by the one 
siepla vector velocity e r ror  a t  the t ransfer  orb i t  injection point. Tables 
2.3-5 and 2.3-6 l i s t  t h e  specifications fo r  the set of systems considered. 
They are l iEted i n  the  order of increasing boost cutoff velocity accuracy. 
The accurac; is dependent upon the  method of u,Ddating and aligning the 
Stage 2 system before reparation, as well a s  on the specifications of 
S t ~ g e  2 guidance components. 
0.67 m/sec (2.2 F'PS) over the  13 systems, a s  shown i n  Table 2.3-7. 

(1) alignment t ransfer  from a Stage 1 master 

An e r ro r  analysis has been 

It varies from 41 ni/sec (135 FPS) through 

System 1 has a low accuracy Stage 2 system with open loop guidance. It 
is updated before separation by a medium accuracy 1.85 h / h r  (1 NM/Hr.)  
Stage 1 system. 
compensate fo r  stege t i m e  deviations. Th; second St,age 2 system is a160 of  
low accuracy but has closed -loop guidance. It i s  updated by a low accuracy 
18.5 h / h r  (10 NM/Hr) Stag2 1 system. The t h i r d  Wage 2 system i s  the  
same as t h e  second system, but is updated by 1.85 km!hr (1 NH/Yr.) S t a s  
1 system. 
(1 NM/Hr.) Stage 1 system and have progressively be t t e r  gyro and 
accelerometer specifications. 
gyro and accelemmeter specific3tions. 

using lower qual i ty  ~ y r o s  and a s t a r  tracker on Stage 2. 
t h e  gyro and accelerometer accurncy on systems 10 and 11 gives very l i t t l e  
boost cut-off velocity accuracy improvement. However, the Stage 2 system 
i s  used for  navigation out and E 18.5 h / h r  (10 NM/Hr.) Stsge 1 system 
has been selected f o r  t he  rendezvous function trades. 
the same qu lity ~ y r o s  and accelerometers as s y s t e m  7, that is 0.01 /Er. 

mixing t h e  outputs of A 0.185 kmihr (0.1 NM/EIr.) Stage 1 system and the 
Stage 2 system dur ingthe  cruise  out. 

The hi@est  accuracy Stage 2 system i s  system 13, using O.OO1°/Er. gyros 
and 3 X 
out and a 18.5 h / h r  (10 NM/Hr.) Stage 1 system is postulated. 
m/sec (2.2 FPS) vector velocity e r ror  is  obtained. 
are due t o  a l i m e n t .  Thue, a very high accuracy star tracker would improv 
Sage 2 performance. This refinement will cot be considered a t  t h i s  poiut. 

The update includzs changes i n  guidance ?srarnoters t o  

Systems 4 and 5 are updated before separa5ion by a 1.85 km/hr. 

Stage 2 system 6, 7 and 8 have s t i l l  be t te r  
They are aligned before launch and 

- not updated on the  f l i gh t .  Comparable accuracy is  achieved i n  System 9 
Improvement of 

System 12 usgs 

. and 3 X g. An accuracy improvement i n  alignment is expected, by 

g accelerometers. The Stage 2 system is used fo r  navigation 
An 0.67 

The predominant errors  

System hardware wei&t versus ,nerformTnce i s  one of the inputs i n  the  study 
of payload weight penptlties. 
hardware components fo r  a representative saraple of low, medium, and high 
performance systems. 
occurs i n  t h e  computer weights, and t h a t  var ies  by only 7.3 kg (16 pounds) 

Table 2.3-8 lists the  weights of Stage 2 

The only weight difference among these systems 
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from minimum t o  maximum capabili ty.  The variations i n  complexity are 
assumed t o  be en t i r e ly  i n  the type of equations implemented, with the 
computer interface requirements remaining constant. Similarly, displays 
and controls a re  assumed t o  be independent of accuracy performance. 
qua l i ta t ive  argument supporting t h i s  view is  that the operational 
and safe ty  functions i n  which the p i l o t  plays a role  do not vary with 
system performance capabili ty.  Therefore, the displays and controls 
f o r  these flmctions a r e  essent ia l ly  the  same for all systems. 
I n e r t i a l  platform weight i s  a l s o  independent of performance specification. 

!be accuracy data generated i n  this section is used as an input t o  the  
performance penal t ies  developed i n  Section 2.5 and t he  tradeoffs of Sectioi 

A 

The 
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Table 2.3-7 

Stage 2 Alterrate System One-SIppB Cut-off Velocity Error 

One Siwa Velocity Srror 
Meters/Second (Feet Per Second) System 

# FSS %t7n P a g e  Vertical Cmss-Plene 

3 10.7 

2 11.0 

d 3 10.7 

4 7.3 

5 1.5 

6 3.4 

7 1.2 

8 0.7 

. -  9 0.85 

10 0.73 

11 0.61 

12 0.46 

13 ' 0.30 

36.6 

2h.4 

19.2 

14.3 

2.7 

3.4 

3.0 

1.8 

1-7 

1.4 

1.7 

0.73 

0.46 

15.2 

16.7 

16. g 

14.6 

10.7 

2.4 

2.4 

0.95 

0.67 

1.0 

0.46 

0.70 

0.40 

41.1 (135) 

31.7 (104) 

27.4 ( 90) 

32.0 (72) 

11.3 ( 37) 

5.2 ( 17) 

4.0 ( 13) 

2.1 (6.9) 

2.1 (6.8) 

1.9 (6.3) 

1.9 (6.1) 

1.2 (3.8) 

0.67 (2.2) 
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2.4 Guidance Concepts 

2.4.1 Introduction 

The guidance functions consist  of the ru l e s  o r  equations tha t  define the 
control  variable commands t o  f l y  the vehicle on a desired t ra jec tory  i n  
the  presence of off-nominal conditions. The e f fec t  of a l te rna te  guidance 
concepts on the  navigation and guidance system configuration is primarily 
on computer requirements. 
of the  navigation function considered i n  the  preceding section, 2.3. 

The choice of sensor types t o  be used i s  part 

The ob jec t iveo f the  first stage guidance system is  t o  provide capabi l i ty  
such that the  u t i l i t y  of the  cruise vehicle is maximized. 
both functional f l e x i b i l i t y  i n  the guidance system and minimum demands on 
vehicle design f o r  t he  accommodation of guidance equipnent. 
guidance design is one i n  which changes i n  vehicle charac te r i s t ics  do not 
r e w e  guidance hardware changes and i n  which changes i n  the mission 
f l i g h t  p ro f i l e  do not require changes i n  e i the r  hardware o r  software. Th 
is prac t ica l ly  a t ta inable  with the present state of t he  art i n  real time 
dlgital  control computers. The continuing e f f o r t s  i n  the developent of 
micro-electronics and computer technology promise cost  and weight reductii 
88 w e l l  as increased capabili ty.  
advances, a dominant factor  in guidance system implementation is the ex- 
p lo i t a t ion  of computer capabi l i ty  t o  achieve optimum system performance a 
f l ex ib i l i t y .  To establish the penalties ( i f  any) with obtaining fle’xibil 
trades have been developed between performance and complexity, seeking t c r  
e s tab l i sh  the  charac te r i s t ics  of the  optimum system w i t h  cost  a factor  i n  
the  optimization. 

This implies 

The idea l  

Because of  these computer technology 

The study of guidance concepts and presentation of results falls in to  two 
parts : 

Formulation of  alternate combinations of f l i g h t  modes and 
guidance laws (section 2.4) and t h e i r  comparative evaluation 
i n  terms of eff ic iency of fuel u t i l i z a t i o n  (section 2.5). 

* The implementation of the guidance laws i n  a system of control 
e p t l o n s  and the corresponding estimate of computer requlre- 
ments, (Sections 2.4-4 - 2.4-6). 

2.4.2 General Guidance Concepts 

The function of guidance is to produce f l i g h t  path control commands in t h  
presence of off-nominal conditions so t h a t  desired rendezvous end condl- 
t i o n s  are m e t  without v io la t ing  the  s t ructural ,  heating, p i l o t  safety, 
and range safety limits. The guidance f’unction is usually implemented by 
f ly ing  a conservative nominal f l ight  path through the regions dominated ‘b 
t h e  constraints  i n  aerodynamic f l i g h t  and adjusting the prof i le  t o  meet 
end conditions i n  the regions where the  constraints  are relaxed. I n  the  
regions dominated by aerodynamic constraints  the nominal f l i g h t  prof i le ,  
if flown w i t h  no deviations, is designed t o  maximize the  payload i n  o rb i t  
while meeting the  constraints.  
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The main differences between guidance methods l i e  in t he  techniques of 
solving f o r  t h e  control p ro f i l e  i n  the  r edona  of relP,ued constraints.  
The solut ion m y  be based on a simple deterministic s e t  of equations de- 
f i n i n g t h e  control  var iable  commands a t  the present time as functions of 
8 predicted end condition state vector. An i E p l i c i t  guidance law 
determines the  control variables by 8 power se r i e s  i n  the  state vector 
deviations from noninal. 
that are essen t i a l ly  independent of the  nominal. 
ver6us exp l i c i t  forms is a question of  implementation. 
exp l i c i t  and implici t  forms i s  suggested f o r  t he  subject problem. 

An exp l i c i t  law is  a system of control equatl.ons 
The case f o r  implicit  

A combination of 

A simplified navigation and guidance functional diagram i s  given i n  
Figure 2.4-1. The re la t ions  between navigation sensors, guidance 
computations, and vehicle f l i g h t  pa th  control a r e  indicated. 

A geDeralized functional block diapam for t h e  guidance computation 
Ainctions is  given by Figure 2.4-2. Two modes of fli& path control 
are use& 
mode. For each phase of  t he  mission, one of  these control modes is  
selected by mode control  logic.  It is based on inputs of vehicle 
present posi t ion and veloci ty  from the  navigation function and pre- 
determined control  l i m i t s .  

(1) a nominal p t h  control Eode, and (2) an adaptive control 

ThC nominal path control modes a re  based on knowledge of the  f l i g h t  
constraints,  an environmental model, and nominal values of t he  launch 
vehicle charac te r i s t ics .  The vehicle a t t i t u d e  control commds and 
propulsion control  commands are  generated so t h a t  t he  vehicle attempts 
t o  follow t h e  nominal path. 

Adaptive path control  nodes usc the  current values of position, veloci ty  
and time from t h e  navigation system t o  predict  t he  end cocditions %(tn) 
that w i l l  be obt&ined R t  time tn if a con t ro lva r inb le  program 
Y ( t )  is followed. 
variables are redetermined so that t h e  modified end conditions are 
attained. 
optimization i n  different  mthematical  forms for t h e  f l i g h t  phases where 
it is used. The common objective of the adaptive modes is to improve 
t he  peyload eff ic iency compared t o  t h a t  obtained with nominal control  
in t he  presence of off-nominal conditions. 

Guidance system functions f o r t h c  5000 n.m. c ru ise  mission and the space 
rescue rendezvous n iss ion  were formulated as representative of t he  miscion 
t o  be flown. 
guidance laws was conducted independently of  t h a t  for  navigation errors .  
Computer requirements, memory s ize ,  and computation speed, are also 
reasonably independent of navigation techniques. However, var ia t ions can 
occur  in t o t a l  computer requireaents f o r  d i f fe ren t  concepts. 
an overa l l  conputer requiremente study was performed. Factors which 
enter  t h i s  study include navigation system techniques, p i l o t  control 
and display functions, t h e  in te r face  between the  first and second stage 
system, and the  impact of techniques f o r  achieving higher r e l i a b i l i t y  
through reduridsnt modes of operation with hardware redundancy a t  the  
module rather than the system level .  

These end conditions are modified and the  control 

The adaptive modes involve processes of  prediction and 

The analysis of  fuel penal t ies  associated wi th  specif ic  

Therefore, 

i 
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The concepts which were investigated are  defined In t h i s  section. 
results of performance t rades  a re  presented In  Section 2.5 and the computer 
requirements data are presented i n  Section 2.4.6. 

The 

Figure 2.4-1 Navigation & Guidance System Functional Dia6p.w 

I 1 Navigation Sensors 
. . And Computations '3i 

7 1 Measured Vehicle Present 1 
Position and Velocity, I m 1 

I c J -23 . Guidance Computations 

I pulsion System Commands I t o  Control System 

- -  
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2.4.3 Target-Vehicle Position Phasing f o r  Rendezvous 

The central  problem of guidance fo r  the rendezvous mission is  the adjust- 
ment of target-vehicle r e l a t ive  position a t  injection in to  the rendezvous 
t ransfer  o rb i t  t o  campensate fo r  unpredictable t i m e  variations on the 
cruise and boost flight prof i les .  
studied: 

Two solutions of the problem were 
the parking orb i t  method and the d i r ec t  ascent method. 

The minimum energy solution of the problem involves a parking orb i t  coast 
period i n  an orb i t  below the target  a l t i t ude  w i t h  injection in to  a Hohmann 
t ransfer  o rb i t  a t  the exact t i m e  required t o  meet rendezvous conditions. 
The base departure t i m e  is delayed suf f ic ien t ly  t o  guarantee a l ag  time 
a t  staging. "he rendezvous t i m e  i s  increased by approximately 25 minutes 
per minute of lag t i m e  compensated i n  a 300 km (161 n.m.) a l t i tude  
parking orb i t .  Other guidance modes are required t o  correct f o r  lead 
time si tuat ions.  
time a t  staging, include an adapted d i rec t  ascent and a coast o rb i t  
above the ta rge t  a l t i tude .  
the selection of the mode t o  be used and the decision t o  abort. The 
first stage guidance system may determine the mode on the basis of pre- 
dicted vehicle-target re la t ive  position a t  staging. 
would be made throughout cruise w i t h  displays t o  the crew of lead time, 
mode selection, coast and o rb i t a l  maneuver times, and predicted bV on 
each maneuver. 

The al ternate  modes, activated i n  the event of a lead 

Specified limits i n  lead time would govern 

The m o d e  prediction 

Figures 2.4-3 and 2.4-4 i l l u s t r a t e  the f l i g h t  prof i les  of the d i rec t  ascent 
and parking o rb i t  methods of rendezvous. 

The d i rec t  ascent method, which minimizes time t o  rendezvous, i s  
prac t ica l  i f  stage time is  controlled within limits which can be absorbed 
on an adaptive second stage boost. Time deviations of 20 seconds or 
less can be absorbed on the boost prof i le  f o r  a nominal A V  penalty. The 
penalty increases steeply with time deviation, so t h a t  other techniques 
must be defined t o  work i n  conjunction w i t h  d i rec t  ascent t o  accommodate 
large time errors.  Three methods were analyzed, and are i l l u s t r a t ed  i n  
Figure 2.4-5. The base departure t i m e  i n  each of t h e  methods i s  biased 
w i t h  a lead t i m e  which is absorbed before staging. In  the first method 
the time is absorbed on a l o i t e r  lead path after the vehicle turns 
i n t o  the ta rge t  plane; i n  the second method the  t i m e  i s  absorbed on a 
trombone shaped path maneuver while turning in to  the target  plane; i n  
the third method the course-to-steer i s  controlled throughout the  cruise 
phase t o  adjust  the vehicle-target re la t ive  position a t  staging. 
The cruise course adaptation method i s  s ignif icant ly  superior t o  the 
other two i n  compensating f o r  a f l i g h t  t i m e  deviations which occur 
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2.4.4 

Immediately after take-off on the climb t o  cruise conditions. 
the lareest time deviations expected occur on the  climb, the method 
also proves t o  be quite effective.  The base departure time is biased 
so t h a t  the  probability of a l a g  time a t  staging i s  negligible within 
specified cruise course deviation l imits .  If the limits are violated, 
the  parking o rb i t  mode would be executed. 

Since 

It will be seen tha t  the complexity i n  control equations for  a system 
which allows selection of di rec t  ascent o r  parking orb i t  modes is not 
s ignif icant ly  greater than the complexity of each of the basic modes. 
The most promising approach therefore appears t o  be one in which the 
f l i g h t  prof i le  is selected on the basis of specif ic  mission objectives 
or  specif ic  real time conditions. When time i s  c r i t i ca l ,  the f l i gh t  
would be directed toward minimizing time a t  the expense of fuel, 
par t icular ly  if the  of fse t  distance is less than the maxlmum. On 
routine f l igh ts ,  fue l  minimization would generally be the controll ing 
cr i ter ion.  
varying of fse t  distances, a sizeable proportion of missions will re-  
quire less than maximum fue l  for  the launch. Therefore, secondary 
mission objectives may be specified at  the expense of first stage 
fuel f o r  these missions. 

Since the cruise vehicle may launch the second stage at 

Guidance Equations 

The forms and general character is t ics  of the guidance equcltions assumed 
f o r  the purposes of the  computer requirements md performance studies 
are described i n  t h i s  section. 

Preflight and Cruise Phases 

The solution fo r  base departure time involves basically the same computa- 
t ions  as the solution for  course t o  s teer  on the cruise phase. These twu 
problems may therefore be integrated RS different  modes of the same propan 
The equations are i n  an i t e r a t ive  form. I n  the prelaunch mode an i n i t i d l  
estimate of take off time is  d i f fe ren t ia l ly  co r rec t ed to  produce the 
desired target-vehicle position a t  staging. The vehicle time on each 
l e g  of f l igl l t  is predicted on the basis of nominal cruise and t u r n  
veloci t ies .  The target  ephemeris is  predicted using Keplerian o rb i t a l  
mechanics with closed form approximations fo r  the e f fec ts  of perturbations, 
On the  outbound cruise phase, the course t o  s teer  is di f fe ren t ia l ly  cor- 
rected t o  f l y  the great c i r c l e  path which intercepts the ta rge t  plane a t  a 
desired angle at  the  position r e l a t ive  t o  the target  required fo r  the mode 
selected for rendezvous. The mode selection is a function of the predicted 
lead o r  l a g  time a t  staging. On the return leg, as on a l l  cruise legs 
with a specified ser ies  of earth-fixed aim points, course-to-steer is  

.- 
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di f fe ren t ia l ly  corrected t o  f l y  the great  c i r c l e  course between present 
posit ion and the  aim point. 

The target o rb i t  parameters (or the posit ion of the  base or  other  
destinations) are the forcing parameters i n  the course t o  s t ee r  solutions. 
Updating ta rge t  parameters o r  destination locations consis ts  of simply 
replacing new data for old, and has no e f f ec t  on the form of the  equations. 

. A throt t le  control program may be used on the  outbound l e g  of the  rendez- 
vous mission t o  provide a greater control range on the stage time. 
t h r o t t l e  var ia t ion from nominal is proportional t o  the predicted remain:tng 
lead o r  l a g  time a t  staging. 

The 

Climb t o  Cruise Conditions 

The climb t o  cruise  conditions is  governed by a predetermined pressure 
alt i tude-velocity climb prof i le  followed by a nominal tu rn  t o  the i n i t i a l  
cruise  heading determined by the  pref l ight  program. This is a f l i g h t  phase 
In which the  constraints  are dominant. 

The exact form of the  control  l a w  is  subject t o  continuing developnent . 
Rendezvous Mode Prediction (Multi-Mode Capability) 

Predicted posit ion r e l a t ive  t o  the t a rge t  at staging, predicted time of 
staging, and the  corresponding l a g  or  lead time are f”undamental variables 
computed i n  the adaptive course-to-steer program. 
t o  a decision log ic  fo r  select ing the rendezvous mode. 
program then determines and describes for  display t o  the  crew the event- 
time prof i le  and predicted fue l  requirements f o r  a l l  maneuvers through the 
target search and acquisit ion phase. 

They are  i n  turn  inputs 
The mode prediction 

Prediction of events is based on the  assumption t h a t  the boost prof i le  
achieves desired end conditions i n  the  nominal t i m e  in te rva l  from the start 
of the pu l l  up maneuver. 
describe ta rge t  and vehicle ephemerides, and an i t e r a t i v e  routine is used 
to solve for the  t h e  t o  execute inject ion in to  the rendezvous transfer 
o rb i t  in the  parking o r b i t  mode. 

Explici t  Keplerian o r b i t  equations are used t o  

The mode prediction program operates periodically throughout the cruise  
phase, providing a continuous event prof i le  display including the%ime to 
i n i t i a t e  the  p u l l  up maneuver. 

Turn Into Target  Plane 

The turn into the  t a rge t  plane is i n i t i a t e d  when the vehicle i s  a t  a given 
distance from the t a rge t  plane, the distance being a function of the in te r -  
cept angle o r  the t o t a l  turn angle. The intercept  angle i s  an output of 
the  cruise course t o  s t ee r  program. F’urther study i s  required t o  determine 
the optimum form of the  control  equation, but it is  expected t h a t  a nom:lnal 
form of bank angle versus cross plane posit ion and veloci ty  w i l l  be sat:Ls- 
factory . 
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Pull Up Maneuver 

The pull up maneuver is  controlled by a nominal att i tude-velocity profile 
with staging based on specified limits i n  f l i g h t  path angle and total. 
velocity.  The prof i le  is  highly constrained by aerodynamic pressure limits 
so it i s  expected tha t  a prof i le  optimization for  off-nominal. conditions 
would not result i n  improved efficiency. Another factor l imiting t h e  effec 
of optimization i n  the  pull up phase is t h a t  the deviations in  propulsion 
system performance on both the pull up maneuver and the ear ly  part  of Stage 
2 are large compared t o  the off nominal deviations sensed during the pull 
up maneuver. The predictions on which an optimization would be based are 
therefore not accurate enough t o  produce an effective improvement in  the  
efficiency of the  prof i le .  \ 

Second Stage Boost, Parking Orbit Mode 

!he boost end conditions fo r  the Hohmann t ransfer  t o  the parking orb i t  
are calculated i n  the rendezvous mode prediction program for  input t o  the 
boost guidance program. Three al ternat ives  for  guidance t o  meet these 
end conditions were considered. The first method consists of an expl ic i t  
solution f o r  the minimum energy control prof i le  i n  terms of the  solution 
of the  two point boundary value problem of the calculus of variations. 
One implementation of equations for  t h i s  problem i s  documented in  
Reference 14. It is i n c l u d e d a n g  the guidance modes of the Dyna Soar 
Boost Simulation program which was used t o  study the application of the 
method t o  the  problem. 

The second method of boost guidance fo r  the parking o rb i t  mode consists o f  
a nominal att i tude-velocity control prof i le  over about two-thirds  of the 
boost time followed by a proportional control l a w  on the last part  of t h e  
profile. 
to-be-gained; the pitch a t t i tude  command is proportional t o  the ve r t i ca l  
velocity-to-be-gained; and the thrus t  cut off time is predicted in an 
i t e r a t i v e  loop as a function of the t o t a l  velocity-to-be-gained. 

The steering command is proportional t o  the cross plane velocity- 

The t h i r d  method of boost guidance for  the parking orb i t  mode consists of 
open loop control of a fixed attitude rate profile. 
provided by three strapped down gyros and thrus t  acceleration is  measured 
and integrated t o  obtain to ta l  velocity impulse. Thrust is cut off when 
t h e  measured 0 V a t t a ins  a specified value. This approach would require a 
minimum stage 2 computational capabili ty for  the  launch phases of operatiol! 

Attitude reference is  

Second Stage Boost Guidance, Direct Ascent Mode 

The i n i t i a l  boost end conditions are predicted by the  guidance mode select1 
program. If there i s  a small lag or  lead at  staging, the  selected mode 
i s  di rec t  ascent. The guidance methods for  inject ion in to  a direct  ascent 
transfer t o  rendezvous are essent ia l ly  the  same as f o r  injection in to  a 
Hohmann t ransfer  t o  a parking orb i t  a l t i tude .  The difference i s  i n  the 
calculation of desired boost end conditions. 
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%he boost end conditions are estimated and i t e r a t ive ly  corrected i n  a pro- 
gram which calculates the veloci ty  vector required at the predicted posi- 
t i o n  and time of cut off t o  meet the requirements fo r  intercepting the 
t a rge t .  This prediction continues through and after staging. After 
staging, the  predicted end conditions are inputs t o  e i the r  of the  f i r s t  
two boost guidance programs described above fo r  boost t o  a parking o rb i t .  
The end condition predictor - corrector and the current control cormnand 
program operate sequentially on each i te ra t ion .  
cedure from t h e  theore t ica l  point of view i n  t h a t  the  solution fo r  end 
conditions and control prof i le  are  not solved for  simultaneously. 
over small deviations of the  prof i le  from Hohmann, the i t e r a t ive  process 
described converges t o  essent ia l ly  the  same solution tha t  would be pro- 
duced by a more general optimization. 
ident ica l  control prof i le  program t o  be used i n  the d i rec t  ascent and 
parking o r b i t  modes. 

This is  a sub-optimal pro- 

However, 

The simplification allows the 

It is unlikely t h a t  an open loop control fo r  d i r ec t  ascent could be suc- 
cessfully implemented because of error e f f ec t s .  However, an analysis was 
made f o r  t h i s  type of control on the assumption t h a t  adaptations for  time 
deviations from nominal could be implemented by recalculation of the, 
a t t i t u d e  rate p ro f i l e  before staging. 

Ideal Orbital  Guidance Fron P<arking Orbit t o  Rendezvous Transfer . . .  
Orbit - 
After  in jec t ion  in to  the  i n i t i a l  coast e l l ipse ,  the r e l a t ive  position of 
the  vehicle and target are  predicted using Keplerian o r b i t a l  equations.. 

The veloci ty  vector and corresponding PV required f o r  intercept with the 
t a rge t  from a moving point 90' down range is  computed continuously. 
eqaations are essent ia l ly  the  same as those required fo r  predicting end 
conditions on the boost prof i le .  
conditions fo r  a Hohmann t ransfer  t o  rendezvous at l e s s  than 181' down 
range from the  posit ion of boost cut of f ,  the  program mode is  switched 
t o  generate and control the  comrnands fo r  injectioii  t o  the rendezvous 
t r ans fe r  e l l i p s e  at  tha t  point. 
are nct met at  181', the  program mode i s  switched t o  generate the commands 
f o r  inject ion in to  parking orbit  at the coast ellipse apogee. 
in jec t ion  in to  parking o rb i t  the  program is switched back t o  the mode 
f o r  seeking the  point at which the conditions f o r  a Hohmmn t ransfer  t o  
rendezvous are met. 

The 

If the solution passes through the 

I f  t he  conditions fo r  a Hohmann t r m s f e r  

A f t e r  

The t a rge t  posit ion r e l a t ive  t o  the vehicle, required for  prediction of the 
orbital maneuvers, also defines the t a rge t  seeker search control prof i le .  
The search commands a re  produced continuously a f t e r  boost u n t i l  the  ta rge t  
is  acquired. 
Open Loop Orbital Guidance, Parking Orbit Mode 
The simplest form of o r b i t a l  guidance consis ts  of a fixed event-time prof i l  
f o r  control of  the sequence of maneuvers t o  in j ec t  in to  the parking and 
rendezvous t ransfer  o rb i t s .  The parameters f o r  the sequence of events wm.il.t 
be predicted by the Stage 1 system before separation. 
used i n  conjunction with open loop boost guidance. 

The method would be 
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2.4.5 

Terminal Maneuver Guidance 

The rendezvous terminal guidance i s  based primarily on‘the terminal  sensor 
measurements. I n  the  ideal guidance system, the measurements a re  processed 
i n  a dynamic model using the same basic equations required for  pre-acquisi- 
t i o n  o r b i t a l  prediction and guidance. The difference between predicted and 
observed measurements (residuals) a re  processed s t a t i s t i c a l l y  t o  produce an 
optimum solution for  the terminal rendezvous maneuver. 
ments were estimated fo r  the  idea l  model and for  two simpler models. 
simplifications consist  of sub-optimal treatment of the ta rge t  sensor data 
and neglect of cen t r ipe ta l  acceleration i n  the dynamic model. 

Computer require- 
The 

Stage 1 Deceleration A f t e r  Separation 

The deceleration t o  cruise  conditions is governed by a predetermined pres- 
sure al t i tude-veloci ty  prof i le  with f u e l  weight deviation from nominal as a 
parameter. 
l a w ,  but it is not expected tha t  t h i s  w i l l  have a s ignif icant  e f fec t  on 
computer requirements . 
Navigation System Equations 

Navigation computations f a l l  i n to  two cate-ries: integration of the em- 
t ions  of motion and updating of system parameters based upon sensor data. 

Further study is required t o  specify the form of the &dance 

Equations of Motion 

In i n e r t i a l  system4thrust  and aerodynamic forces, measured by accelero- 
meters mounted on a stable platform, are summed with gravi ta t ional  forces 
and integrated t o  obtain veloci ty  and posit ion i n  the i n e r t i a l  reference 
system. I n  doppler systems, the instantaneous forward veloci ty  of the  
vehicle r e l a t ive  t o  the ground is measured by a radar system and resolved 
in to  North and East components through a heading reference. 
of  veloci ty  are integrated t o  obtain geocentric posit ion i n  l a t i t ude  and 
longitude. 
vehicle r e l a t ive  t o  the air mass i s  computed as a function of pressure and 
resolved into North-East components through the heading reference. The 
veloci ty  r e l a t ive  t o  the  air mass is combined with estimated wind velocitier 
and i n t e g a t e d  t o  obtain geocentric posit ion in l a t i t ude  and longitude. 

The components 

I n  air-data systems the instantaneous forward veloci ty  of the 

Updat in& 
Unt i l  recently, in-f l ight  navigation system updating consisted primarily 
of two straightforward deterministic processes: posit ion f ixing based 0x1 
star, horizon, and landmark positions, and i n e r t i a l  platform reference axes 
alignment based on star angular posit ions.  With the  increased capabi l i ty  
of computers, a much more general approach t o  system updating becomes 
feasible, namely, application of optimal s t a t i s t i c a l  estimation t o  update 
the  t o t a l  system state. Two forms of the  concept were considered in the  
estimates of computer recpirements : 

(1) in-f l ight  d i f f e ren t i a l  correction of Stage 1 or Stage 2 position. and 
velocity, and i n e r t i a l  reference system aliepment and cal ibrat ion 
constants based on external observed data (star,omega,landmark) j 
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2.4.6 

(2) alignment and cal ibrat ion of Stage 2 i n e r t i a l  reference system 
with the  Stage 1 system as master reference; without external 
references i n  an in-fl ight mode; with opt ical  reference i n  pre- 
f l i g h t  alignment and calibration mode. 

Computer Requirements Study 

Estimated memory requirements for  the individual navigation and guidance 
system functions outlined above are given i n  Table 2.4-1. The estimates 
are based on work performed on a number of projects, including the Dyna 
Soar vehicle computer work, the Sat t rn  V Launch Vehicle Guidance and 
Navigation functional description, and computer trade studies on the 
Am-@ program. 
memory, with the instruction word and data word of equal s ize .  
length is 16 bits and the computers have double-precision program capa- 
b i l i t y .  Tables 2.4-2 and 2.4-3 l is t  the t o t a l  computer memory require- 
ments for Stage 1 guidance and navigation for  the rendezvous and cruise 
missions, respectively. 
Stage 2 on the rendezvous mission. 

It is assumed that there is  one instruction per word of 
The word 

Table 2.4-4 similarly lists the requirements for  

The memory requirements fo r  minimum, medium, and maximum capabili ty 
systems, quantized i n  terms of 2048-word modules, are i n  the r a t i o  of 
3:4:5 fo r  Stage 1 on the rendezvous mission; 2:3:5 for the(5000 n.m.) 9,2& 
cruise  mission; and l:2:3 fo r  Stage 2 on the rendezvous mission. The 
transformation of these memory s ize  r a t io s  t o  cost and weight r a t io s  de- 
pend on the correlated computation speed requirements because memory costs 
are a function of memory cycle time, which i n  turn is  an important factor  
fn computation speed. A preliminary analysis of the transformation factors 
follows . 
The increase i n  functional capabili ty from medium complexity t o  maximum 
complexity on Stage 1 is not ref lected in a greater computer speed re- 
quirement. This is 'because the updating technique performed during the  
cruise  phase i n  conjunction with navigation does not have t o  be executed 
i n  real time and may be performed a t  a re la t ive ly  low repet i t ion rate 
compared t o  the integration of the equations of motion. Similarly, the 
mode control functions added in going from minimum to medium capability 
place very low demands on computation speed. The principal difference i n  
speed requirements between the minimum system and m e d i u m  system is i n  the 
integration of the equations of motion. The i n e r t i a l  navigation requires 
higher computing rate than the  doppler or  air-data systems. 

Again, on the second stage, the  principal increase i n  computer speed re- 
quirements i n  going from the  minimum t o  the  maximum system is i n  the  
integration of t he  equations of motion on the boost phase. The added 
mode capabilities, t he  ideal o r b i t a l  equations, and the sensor-data 
processing i n  the terminal phase are complex i n  form, but may be executed 
st low repet i t ion rates. 

Summarizing, It is estimated tha t  a computation speed characterized by 
add and multiplication times of 1 2 ~ s  and  OF, respectively, (i.e., a 
medium speed computer In  terms of present state of the  a r t )  will be 
adequate for  the m e d i u m  and maximum capabili ty systems fo r  both Stage 1 
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and Stage 2. 
respectively 3Ors and 25O/s, will be adequate f o r  the minimum 
capabi l i ty  systems. 

Requirements fo r  capabili ty as defined above i n  terms of memory and 
computation speed m u s t  be converted t o  re la t ive  weight, r e l i ab i l i t y ,  
and cost F S t i O S  fo r  the purpose8 of optimization of system specifications. 

A lower speed, such that add and multiplication times are 

Rel iab i l i ty  and cost data are presented i n  Sections 2.6 and 2.7. 
w e i g h t  factors  divide into two parts: 
t o  memory s ize  requirements, and the wei@ factor  dependent on 
computing speed requirements. 
It is assumed tha t  the re la t ive  weights of the computer systems are 
proportional t o  the re la t ive  weights of the memory systems. 
that the central  computer and the  memory read-write control c i r c u i t s  
combined are equal i n  weight t o  two 2048 word modules, the  r e l a t ive  
8ysfe~I weights are as tabulated i n  Table 2.4-5. For the rendezvous 
mIsslon, there is a 7.3 kg (16-pound) weight var ia t ion f r o m  minimum t o  
maximum requirements on both Stage 1 and Stage 2. 
r a t i o  of g:1 of Stage 1 weight t o  payload weight, the t o t a l  payload 
W e i g h t  penalty i n  wing  f r o m  a minimum t o  maximum capabili ty is  7.3 kg 
(16 pounds). 
is 11.8 kg (26 pounds). 

The 
the weight factor  proportional 

For the purposes of the present analysis 

Assinning 

Using an exchange 

On the 9,260 kn (5000 nom.) cruise  mission, the penalty 

. .  
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TABU 2.4-2 

RENDEZVOUS MISSION STA(3E 1 C m R  MEMORY REQUIRJGENTS VERSUS 
PROGRAM F"CTI0NS SPECIFICATIONS (State  of the A r t )  

Memory Size 
Example Program Specifications Instructions Data Total i n  2048- 

(words) (Words) Word Modules 

Minim Capabi li tx  
hta Link With Ground and Stage 2 
Ground-Monitored Checkout 
In-Flight Error Detection 
Doppler o r  Air-Data Navigation 
System, With Updates From 
Stage 2 System 

Flight Plan from Ground 
Cruise Course t o  Steer:  Explicit  
Geometric Solution, But Umited 
t o  Naminal Ehd Conditions 

Nominal Maneuver in to  Target Plane 
Nominal Pull-Up for  Parking Orbit 
P i lo t  Displays; k n g e  Safety 

4600 400 3 

Autonomous Checkout, But With Ground 

I n e r t i a l  Navigation With No Updating 
Pre-Launch Calculation of Take-Off Tim, 

Adaptive Cruise Course t o  Steer 
Multi-Mode Rendezvous Launch Control 
Pre-launch Iiange Safety Checks Integrated 

Pilot Displays; Range Safety 

Data Link 

and I n i t i a l  Course t o  Steer 

With Stage 2 

Maximum Capability 
Same as Medium Except Capability i s  
Added For S t a t i s t i c a l  Data Processing: 

Calibrating Stage 2 I n e r t i a l  System 
From Stage 1 I n e r t i a l  System 

Calibrating Both Systems, Using 
Observed Data 

Star  Only 

Sta r  and b g a  and Iandmarks 

, --. 
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TABLE 2.4-3 

CRUISE MISSION C-R MEMORY mQUIREMENTS VEFSUS 
PROGRAM FUNCTION SPECIFICATIONS ( State-W-The-Art) 

Ekample Program Specifications 

Minimum Capability 

Data Link With Ground 
Ground-Monitored --flight Checkou€ 
In-Flight Error Detection 
Dqppler o r  Air Data Navigation 
Flight Plan Acceptance and Enroute 

Changes 
Cruise Course t o  Steer: Explicit 
Geometric Solution of Azimuth on 
Great Circle t o  Destination; 
Multiple Destinations 

Medium Capability 

Data  Link With Ground 
Autonomous Checkout 
S te l la r - Iner t ia l  Navigation 
Guidance as Above 

Maximum Capability 

Same as Medium, Ekcept Capability 

For S t a t i s t i c a l  Data Processing: 

Star Tracking O n l y  
Star, Omega, and Landmark 

Memory Size 
Instructions Data Tutal i n  m48- 
(words) ( W O ~ S )  word Modules 

3200 200 2 

4200 

6200 
7700 

3 

. 4  
5 
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TABLF ‘2.4-4 

. RENDEZVOUS MISSION STAGE 2 COMPUTER MEMORY REQUIREMENTS VERSUS 
PROGRAM F”U&ZION SPECIFICATIONS (State of the A r t )  

Brample Pragram Specifications 

Mininaun Capability 

Data Unk With Ground and Stage 1 
In-Flight Checkout Monitored Ely 

Nominal Parking Orbit Prof i le  Control 
With Parameters Inserted by Stage 1 
Before Separation 

No Navigation System (Open Loop) 
Minimum Terminal Guidance 

stage 1 

Medium Capabilitx 

Data Unk and Checkout as Abuve 
I n e r t i a l  Navigation 
Uti-Mode Rendezvous With Boost 

Non-Optimum, But Explicit 
Solutions fo r  End Conditions 

Ideal Orbital Guidance and Search 

Minimum Terminal Manuever Guidance 
Control 

Maxirmun Capability 

Memory Size 
Instructions Data ~ o t a l  i n  2048 

(words) Iworils) WOH Modules 

1800 1 

3500 300 2 

4500 500 3 

Same as Medium, Bccept: 

Minimum &el Boost Guidance 
Optimum Terminal Rendezvous Maneuver 

Data Processing and Guidance 

~ 
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COWUTER WEIGaP VERSUS CAF’ABIUTY (Stage-of-the-Art) 

Estimated 
Relat lve Actual 

Application Capab i l l t y  Weight Ratio Weight 

Stage 1, Rendezvous Minimum 5 
Mission Medium 6 22 l0 kg KY*) 

mimum 7 25.4 (56) 

Stage 1, 5000 n.m. Minimum 
Cruise Mission Medium 

Haximum 

Stage 2, Rendez- MiIlimUUl 
YOUS Mission Medim 

#aximuum 

... 

3 u. 
4 
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2.5 Payload Performance Penalties 

2.5.1 Penalties Due t o  Stage Timing Errors 

Payload performance as previously defined is measured i n  terms of weight and 
target ing accuracy a t  second stage launch. The errors  accrued during launch 
vehicle operation due t o  dispersion i n  atmosphere, aerodynamics and pro- 
pulsion can be related t o  time and posit ion and, corrected i n  three ways: 
(1) during launch-vehicle cruise, (2) i n  d i r ec t  ascent rendezvous, and (3)  
by the  parking o rb i t  method. During the Stage 1 cruise phase, position 
with respect t o  the ta rge t  plane can be continuously monitored and used 
t o  a l t e r  the  cruise course t o  correspond t o  updated prediction of staging 
posit ion and time. I n  the d i rec t  ascent rendezvous method, timing er rors  
are compensated by a l t e r ing  the second stage boost t ra jec tory  t o  terminate 
at  the desired end conditions. 
vehicle t o  be launched i n t o  a parking o rb i t  f o r  a catch-up period pr ior  
t o  t r ans fe r  t o . t h e  f i n a l  orbi t .  

The parking o rb i t  method requires the 

Stage Timing Errors 

Dispersions i n  vehicular character is t ics  and atmospheric parameters resu l t  
i n  off-nominal range, time and f u e l  usage. 
related.  When range is  short, time and f u e l  generally are  also short  such 
that when range is  made up, time and f u e l  a r e  compensated. For deter-  
mination of the three sigma timing e r ro r  associated with the f irst  stage 
this compensation was considered. Figure 2 . 5 - l i s  a table  of er rors  i n  
fue l  and t i m e  corrected f o r  range resul t ing from major dispersions through- 
out the launch mission. These data indicate three sigma stage timing er ror  

during cruise/turn originates from unpredicted wind since t h i s  i s  the only 
fac tor  influencing range ra te  f o r  a perfect guidance system. The root sum 
square of this l a t t e r  e f fo r t  with the  three sigma climb/acceleration e r ro r  
brings the cumulative timing e r r o r  t o  s l i gh t ly  over 60 seconds. 

They are generally in te r -  

. of 56.2 seconds during the acceleration phase. The major timing er ror  

2.5.1.1 Correction During Launch Vehicle Operation 

Four methods of correcting stage timing errors during Srs t  stage operation 
have been investigated. They have been named the lead t i m e  method, the 
trombone turn method, the adaptive cruise method and t h r o t t l e  control. 
Numerical analysis of the first three methods are  given i n  Appendix A2. 
Sketches a r e  shown i n  Figure 2.4-5. 
delay i n  staging a f t e r  the launch vehicle ground t rack  is  established i n  
t h e  t a rge t  plane as sham i n  Figure 2.4-5. 
t o  the expected minus value of the three sigma error.  Additional f u e l  is  
allowed f o r  plus three sigma error .  
accelerates  the staging time and a t  the same time moves the staging point 
dam range or  uprange from the  nominal as shom i n  Figure 2.4-5. 
is accomplished by off-nominal turn courses i n  the appropriate direction. 
The adaptive cruise method produces similar r e su l t s  as the trombone 
tu rn  method but i s  accomplished by off-nominal cruise heading as sketched 
i n  Figure 2.4-5. 
correction. 
f ly lng  the nominal. 
the maximum velocity. 

The lead time method allows a nominal 

The nominal delay is  equal 

The trombone turn method delays or  

This 

Throttle control can a l so  be used f o r  timing er ror  
As i n  the lead time method, a fuel penalty i s  essociated with 

I n  order to provide correction capebi l i ty  f o r  lead 
This i s  because the most e f f i c i en t  cruise occurs a t  

S 4802 I434 R E V .  8-65 
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or lag t he  nominal cruise  veloci ty  must be less than maximum. The first 
S t a g e  f’uel penalty is  defined as t h e  fue l  required t o  follow the  noainal 
flight path plus  t h e  extra fuel required t o  correct  + 3 siw errors.  
First stage fuel penaltie6 are tabulated below f o r  t6e four methods. 
They represent timing e r ro r  correction only and do not include the  
three sigma f u e l  penal t ies  accrued during off-nominal flight which are 
shown in figure 2.5-1. 

Payload Penalties f o r  One Mlnute Timing Error 

HOmiIlS3 F l i a t  P4& Error Correction 
s tage 1 Fuel Orbital Payload Stage 1 Fuel Orbi ta l  

’ The first stage f u e l  penalty 18 assumed t o  trade equally with Stage 2 
launch weight penalty. 
on a constant s t ruc tu ra l  relation, 

The derivation of t h i s  exchange r a t i o  is  based 

k -. = Constant 
wP + wI 

where = propellant weight 

WI - i n e r t  o r  s t ruc tura l  weight 

which is  derived i n  Appendix Al. 

Penalties for off-nominal cruise  courses include the  e f fec t  on return fuel 
but throttle control  is used only on the  outbound leg. But It is  a comper 
sa t ing  e f f ec t  f o r  the  trombone turn  and adaptive cruise  methods. 
magnitude of  t h e  stage timing er rors  and time when they are detected 
has a significant influence on t he  select ion of a correction method. 
If they occur ear ly  i n  t h e  t ra jectory,  t he  adaptive cruise  method 
becomes a t t r ac t ive  because of t he  smaller deviation frornthe minlmum 
f’uel f l i g h t  path. However i f  large e r rors  occur i n  the cruise  phase, 
t h e  trombone method may well be t h e  selected scheme. 
analysis  indicates  la rge  timing errors are possible in the  
acceleration phase. For example, stage time er rors  are qyi te  
sensi t ive t o  deviations I n  thrust ,  drag and atmospheric e f f ec t s  
during acceleration. 
influence during the cruise/turn. I n  practice, a combination of  all three 
course alternate methods would probably be used because no greater guit lanc 

The 

Preliminary 

On t h e  other  hand, winds have the  only dominating 
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complexity is added t o  the system by the addition of these simple 
equations than is required t o  determine the posit ion of t he  moving target 
plane under nominal f l igh t  path conditions f o r  example. This is  particu- 
lar ly t rue  if  d i rec t  ascent is  desired because the  lead time method would 
allow final corrections. The t h r o t t l e  control method I s  always available 
but would probably not be considered as a design method because of the 
reduced aerodynamic efficiency of operating a t  off-design Mach number. 
The study indicates incremental veloci t ies  i n  excess of 150 m/sec. (500 as) 
t o  correct  f o r  60 seconds timing error. 

If indeed the combination of course a l te ra t ion  methods were used, then 
acceleration phase errors  as well as ear ly  cruise errors  could be nulled 
by the  adaptive cruise  method, cruise  time errors could be nulled by . 
the trombone tu rn  method and final phasing errors could be corrected by 
the lead t i m e  method. This allows the large stage time errors  t o  be 
corrected by the  most economical method. 

2.5.1.2 Correction During Second Stage Boost 

The rendezvous payload penalties fo r  non-ideal timing at second stage 
launch were estimated fYom data obtained on runs us ing the  minimum fue l  
guidance law in t he  Dyna Soar Boost Simulation program. 
second stage end conditions for  t he  first thrust period were modified 
t o  achieve rendezvous with launch t i m e  deviations up t o  one minute. 
Combinations of a l t i t ude  and flight path angle variations t o  meet the 
constraints were studied. 
off-nominal intercept conditions are substantially lower when only the  
n i @ t  path angle a t  boost cut off is varied. This i s  shown in Figure 
2.5.2 i n  which the payload penalties are  plotted versus a combination of 
boost cut off a l t i t ude  and flight path angle variations.  
is minimized when the a l t i t ude  variation is zero. 
payload penalty versus time deviations when f l ight  path angle only a t  
boost cut off is modified t o  meet intercept conditions. 
for a twenty second deviation is  25 kg (56 pounds). 
one minute deviation is 19'7 kg (435 pounds). 

The specified 

It was found that the  payload penalty t o  meet 

The t o t a l  penalty 
Figure 2.5.3 shows the  

The penalty 
The penalty for  a 

2.5.1.3 Correction By Parking Orbit Method 

The parking o rb i t  method involves boosting the  payload t o  an o rb i t  below 
that of the target vehicle and providing time f o r  a slow catch up before 
t ransferr ing t o  the target orbi t .  This is the  most ef f ic ien t  method and 
would probably be used if t i m e  is not a c r i t i c a l  factor. For example, 
the propellant difference between a d i rec t  ascent and interim use of a 
parking o r b i t  185 km (lo0 nautical  miles) below the target  o r b i t  is 23 kg 
(50 pounds). 
of the  additional iner ts .  
with guidance during long periods in parking orbit ,  analyzed i n  Section 

This exchanges with 25.6 kg (56.5 pounds) of payload because 
This analysis does not consider errors  associated 

2.5.2. 
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2.5.2 Payload Weight Penalties Due t o  Navigation System Errors 

Transformation of Navigation Errors t o  Rendezvous bV Penalty 

The rendezvous A V  penalty is a function of the rendezvous maneuver 
technique as well as of the t ra jectory errors  a t  the start of the terminal 
maneuver. 
formation of t ra jectory errors  t o  4 V  penalty was used. 
shows the target-vehicle re la t ive geometry, neglecting gravity accelera- 
tion, a t  target  acquisition range, Roo 
t o  the TendeGvous point, a re  represented by the e r ro r  vector (AX, PY, 
bz, && b y I  A%)* 

For purposes of camparison, a simplified model of the trans- 
Figure 2.5-5 

The navigation errors, propamted 

Figure 2.5-5 

Y 
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The rendezvous maneuver consis ts  of two Impulses. 
places the vehicle on a co l l i s ion  course wi th  the  target after establish- 
ing the r e l a t ive  t rack  angle. 
rendezvous conditions of zero r e l a t i v e  veloci ty  a t  intercept.  
Impulse, 4 V  is proportional t o  the  transverse e r r o r  and inversely 
proportionall to t he  t o t a l  closing time, 

The first Impulse 

The second impulse establishes the 
The first 

t, as follows: 

The second impulse is a function of  the  nominal c losing veloci ty  increment, 
dV and the tradectory ve loc i ty  deviations m m  nominal a t  intercept.  
In addition there is a penalty associated with down range posit ion error .  
In  order t o  ensure a r e l a t ive  geometry a t  acquis i t ion of t h e  type shown 
In Figure 2.5-5, the  nominal aim point is placed down range and high 
in a l t i tude .  The AV penalty associated with t h i s  i s  due pr incipal ly  
to the developnent of  a nominal non-zero flight path angle which must 
be corrected on t he  maneuver. 
port ional  t o  the down range error .  The proportionali ty factor,  K, was 
obtained by solving a case with a median down range error.  
t0 0.0005 m/sec/m (f t /sec/f t ) ,  and w a s  the  same on the  terminal geometry f o r  
Hobmann t r ans fe r s  From 74 km (40 N.M.) a l t i t u d e  and 298 km (161 NM) al t i tude,  
representing respectively the  modes of d i rec t  ascent and parking orb i t .  
The penalty on t he  second Impulse is  glven by the expression: 

nom, 

It w a s  assumed that this penalty is  pro- 

It i s  equal 

finally, the t o t a l  penalty is the root sum square of AV1 and AV2. 

Results 

!three-sigma rendezvous maneuver A V  penal t ies  fo r  a representative set 
of t h e  systems defined i n  paragaph 2.3.3 are l i s t e d  i n  Figure 2.5-6. 
The systems selected are i n  the c l a s s  of  al l- inertial  systems, with 
accuracy performance dependent only on t h e  second stage navigation system. 
The list includes a direct ascent case and a parking orbit case with 
two terminal closing tlmes of  10 minutes and 20 minutes on each. 
d i r ec t  ascent case is f o r  a per fec t ly  timed launch o f t h e  second stage. 
A launch lag time of 2.5 minutes is  compensated on the  example parking 
o rb i t  case with the parking a l t i t u d e  a t  298 km (161 N.M.),  74 lan (100 N.M.) 
below t h e  target a l t i tude .  The 2.5 minutes l a g  time is  at  t h e  five-sigma 
l eve l  of expected stage and flight time uncertainty, and thus may be con- 
sidered an upper limit on time t o  be compensated. The greater penalty fo r  
the parking o rb i t  as compared w i t h  the perfect ly  timed d i r ec t  ascent is  due 
primarily t o  a eea te r  s e n s i t i v i t y  of cross  plane posit ion error at  
rendezvous t o  cross plane ve loc i ty  e r r o r  a t  boost cutoff.  

The 

The dV penalties f o r  purely navigation system e r ro r s  are equal t o  the 
penalties l i s t e d  f o r  the per fec t ly  timed d i r ec t  ascent. Given a closing 
time of 20 minutes, the  penaltj.es are 61 m/sec, 18 m/sec, and 4.6 m/sec. (200 
Fps, 60 FPS, and 15 FPS), respectively, f o r  the  low, m e d i u m  and high accuracy 
navigation systems . 
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A t  an exchange r a t i o  of  3.35 kg per MPS (2.25 pounds per F'PS), the corres- 
ponding payload w e i & t  p e n a l t i e s  are respectively 204, 61, and 15.4 kg 
(450, 135, and 34 pounds). 

The difference between t h e  b V  penalty f o r  th di rec t  ascent and parking 
o r b i t  are due t o  the  propagation of navigation e r rors  on the  parking 
orb i t .  They may be viewed as pa r t  of t he  penalty fo r  compensating f o r  
stage timing errors.  These penalties a re  30.5, 15.2, 1.5 m/sec (100 FPS, 
50 Fps, and FPS), respectively, for t he  low, medium, and high accuracy 
systems. 
17.2 kg (225, 112, and 38 pounds). 
with the  penalties for  stage timing corrections i n  the  d i rec t  ascent mode. 

The corresponding payload weight penal t ies  are 102, 34.2, and 
These are compared i n  paragraph 2.5.3 

i.5.3 Comparison of Direct Ascent and Parking Orbit Weip;ht Penalties Due 
t o  Time Errors 

The primary performance penalty associated with the  select ion of t he  
fonn of t h e  guidance Law and oorresponding vehicle operating mode 
is due t o  time variations.  The fac tors  that cause the  time variations 
can not be changed d i r ec t ly  by t h e  guidance systems; however, these 
fac tors  es tabl ish requirements on the  guidance system. The two guidance 
modes - d i rec t  ascent and parking o rb i t  modes - are compared i n  Figure 
2.5-7 f o r  t h e  payload w e i g h t  penalty required t o  correct fo r  time 
va r l a t  ions 

The to ta l  t h e  error to  be corrected is t he  same f o r  both modes, 2.5 
mlnutes. 
e r ro r  (2.2 minutes) is  corrected i n  t h e  cruise  phase with t h e  adaptive 
cruise heading mode and tha t  20 seconds of residual delay is  corrected 
fn  t h e  second stage t h r u s t  period with a minimum fuel guidance l a w .  In 
t he  parking o rb i t  mode the  t o t a l  time er ror  of 2.5 minutes is corrected 
in t h e  parking orb i t .  
f'unction of t h e  Stage 2 navigation system accuracy as explained i n  2.5.2. 
Only t h e  excess penalty compared t o  t h e  corresponding d i rec t  ascent case 
are included; t h e  pena l t i e s  due t o  navigation e r rors  have not been included 
here, see 2.5.2. The Figure 2.5-7 r e su l t s  represent the timing er ror  value 
at w h i c h  mode switching from direct ascent t o  a parking o rb i t  mode is 
desirable.  

I n  the  d i rec t  ascent mode it is assumed t h a t  most of t h e  time 

The payload penal t ies  f o r  the  time error are  a 

!.5.4 Stage 1 Performance Trades on Return Phase 

Three fac tors  influence the performance requirements of t he  Stage 1 navigatio 
system independent o f t h e  Stage 1 navigation and guidance selection. 
first fac tor  is  t h e  fue l  penalty t o  correct r e tu rn  phase navigation errors.  
The second factor  is  t h e  requirement for  a refueling rendezvous with a 
tanker on t h e  return phase. 
cruise mission. 

The 

The third fac tor  I s  t h e  9,260 km (5,000 N.M.) 

Assumlng that an accurate Stage 2 system is  used f o r  t h e  outbound phase, 
t h e  e f f ec t  of navigation e r ro r s  on t h e  re turn  phase w i l l  be considered. 
Radio a ids  such as VOR and Tacan will be u s e d t o  locate  the  landing site 
as it is approached. 
aids I s  185 km (100 N.M.). 

It is  assumed that the  effect ive range of these 
A 18.5 lan/hour (10 N.M./hour) CEP Stage 1 

~e-113016-6 
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navigation system w i l l  require fue l  t o  correct a 55.5 km (30 N.M.) error. 
The nominal return t i m e  is 53 minxtes and a fuelmargin fo r  a t  least 
three si@m errors  i s  required. The along t rack component of error when 
descent is started 55.5 km (30 N.M.) too soon is  the  most expensive t o  
correct. 
and t h e  supersonic trade is  4.5 k g / h  (18.4 lbs/N.M.). The difference 
5.76 k g / b  (23.5 lbs/N.M.) I s  t he  fue l  penalty sens i t iv i ty  t o  correct the 
navig%tion error.  A Stage 1 fuel margin of 320 kg (705 lbs) is  required. 
This i s  equivalent t o  35 kg (77 lbs )  payload wi th  a 4.15 kg (9.16 lb.) 
exchange r a t i o  (see Appendix A-1). The payload penalty fo r  a 1.85 km/hr. 
1 NOM./&.) .  Stage 1 system is 3.6 kg (8 lbs . )  and fo r  a 0.185 km/hr 
0.1 N.M./hr) system it is  0.36 kg (0.8 lbs) .  

The subsonic range fue l  trade is  10.3 kg/km (42.3 lbs/N.M.) 

The fue l  penalt ies associated with correcting navigation errors  during 
a refueling rendezvous t h a t  is accomplished a t  subsonic speed, RS 
specified, would have similar excess fue l  requirements. However, since 
t h e  refueling will take place near the  staging point, the  outbound phase 
errors are expected t o  be most significant.  
requirement I s  not expected t o  be decisive In  a tradeoff fo r  s e l ec t ing the  
Stage 1 system. 

Thus, t he  refueling rendezvous 

The nominal mission t i m e  for the 9,260 km (5,000 N.M.) cruise mission i s  
about 1.7 hours. Thus, the  penalties fo r  correcting terminal n a v l e t i o n  
errors for the  cruise mission are almost twice the penalty f o r  the  
rendezvous mission return phase discussed above. 

The overal l  e f fec t  of payload penalties RS a function of accuracy performance 
is  presented i n  the  tradeoffs Section, 2.8. The computer cost studies 
and payload penalty considerations indicate it is  desirable t o  include 
e multi-Eode capabili ty so t h a t  the most effect ive mode can be chosen f o r  t h e  
specif ic  operational s i tuat ion of a mission. 
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2.6 RE LIABILITY ANALYSIS 

2.6.1 Introduction and Purpose 

This section summarizes the reliability work completed during the Phase I study. The 
primary purpose of this effort was to provide reliability idormation in support of trade 
studies to select two promising concepts for detailed study in Phase 2. 

The reliability effort w a s  based on the premise reliability is inherently sensitive to 
primary operational variables such as weight, cost, and accuracy and, is therefore 
a dynamic, rather than a static parameter. Accordingly, reliability support was 
provided through the implementation of the following tasks: 

a) Establishment of reliability prediction procedures and assumptions to be 
employed in the study, 1 

b) Compilation of failure rate data on all levels of guidance and navigation 
equipments, i.e., systems, subsystems and components; and, 

c)  Determination of reliability feasibility ranges for the equipments. 

Subsequent paragraphs discuss the 'results from these reliability activities. 

2.6.2 Summary 

The inherent mission reliability feasibility range for a non-redundant navigation and 
guidance system concept as proposed in the study contract was derived to be 0.9591 
to 0.9966, with a corresponding MTBF range of 236 to 3015 hours; for a completely 
redundant system the reliability range is 0.9991 to 0.999994. The reliability feasibility 
range of the non-redundant navigation and guidance system for the first stage is 0.9787 
to 0.9986, with a corresponding range of 366 to 5450 hours MTBF; for the non-redundant 
second stage the reliability range is 0.9800 to 0.9980, with a MTBF range of 655 hours 
to 6750 hours. Tables 2.6-1 and 2.6-3 present the data that were used to derive these 
reliability ranges. 

These results indicate that study mission success objective of no less than 0.95, 
initially with a design objective of 0.99 or  better are realistic and feasible goals for 
the navigation and guidance system concept proposed in the study contract. 

2.6.3 General Approach 

This section describes the general approach employed to provide reliability support 
juring the study. 

2.6.3.1 Reliability Prediction Procedure and Assumptions 

me procedure employed in performing reliability predictions involved the following 
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basic steps: 

1) Define the system 

2) Establish reliability model 

3) Determine part population for each functional block 

4) Determine appropriate stress factors for each part 

5) Assign applicable failure rates to each part 

6) Compute subsystem reliability 

7) Compute overall system reliability. 

The first step includes the following elements: 

1) Determine purpose or  intended use; Le.,  define the mission(s) 

2) Determine conditions which constitute system failure 

3) Determine functional and physical boundaries of system. 

The second step involves tasks such as: 

1) Construction of a reliability block diagram to the. lowest identifiable function, 
showing the relationships necessary for successful system operation, and 
clearly indicating alternate modes of operation. 

2) Establishment of mathematical equation of reliability for the system and each 
functional block in step 1) above. 

Steps 3, 4 and 5 required the determination of the part population for each functional 
block, and the stress factors and failure rate for each part in each functional block. 
Since the nature of this study precluded making these determinations at the functional 
and part levels, the stress factors and failure rates were derived for the equipments 
at the subsystem and system levels. These data were based on data from existing 
systems having functional and operational characteristics similar to those of the system 
defined in the study contract. 

The sixth and seventh steps entail the computing and combining of reliabilities of lower 
levels of assemblies to obtain subsystem reliabilities and the overall system reliability. 

Standard reliability engineering techniques were used to accomplish these steps. 
Also, the following assumptions were used: 

Y 
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- A t  
The reliability distribution is exponential, namely R = e , except where 
otherwise noted. This means that all parts are assumed to have a constant 
failure rate within a particular environmental envelope. 

Except as noted, system elements (i.e., parts, components, etc.) are 
assumed to be related in a series manner such that failure of each element 
are considered to be independent and that failure of any element wi l l  cause 
system failure. The model for this arrangement of system elements is as 
follow s: 

fi Ri where Ro is the overall system reliability and Ri is the R o =  i = 1  

th reliability of the i 
the case where the system elements are redundant, 

element in a system composed of N elements. For 

2 - 2  2 
= l - ( l - R 1 )  x l - ( l - R 2 )  ~ l - ( l - R ) .  Ro n 

Compilation of Failure Rate Data 

Historical failure data were collected from both Boeing and external sources. To the 
extent possible, the data were classified into three general categories: 

a) Existing equipments, 

b) Equipments under development, and 

c) Proposed equipments. 

In addition, these data were identified according to: (1) source, i.e. , company o r  
programs, and (2) type, i.e., predicted o r  achieved. Appendix A-4 presents these 
data in detail. 

2.6.3.3 Reliability Feasibility Analysis 

Table 2.6-2 presents a capsule summary of the inherent reliability feasibility ranges for 
the major subsystems in navigation and guidance systems. These data are derived 
from the historical data presented in Appendix A-4 and are used to compute the system 
reliabilities in the preceding section. In addition, the data in Table 2.6-2 are based 
on the following conditions: 

a) The subsystems are  developed o r  proposed to be developed by the end of 1968, 

b) 

c) 

The operating environment is benign, and 

The lower end of the feasibility ranges is obtained when standard military parts 
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are used and the higher end of ranges require the use of Minuteman type 
parte. 

Figure 2.6-1 illustrates the reliability improvement gained by the Minuteman program 
over a military program that used MIL-Spec parts. The Minuteman part failure rates 
are based on over 5,000,000 system operating hours in silo environment, while the 
MIL-Spec part failure rates were derived from nearly a million system hours of Navy 
operational vehicle s . 
Table 2.6-3 presents typical mission data used to compute the system reliability 
feasibility ranges. 

2.6.3.4 Other Factors Affecting Reliability 

The hardware development time period for this study is assumed to. be 1975 o r  later. 
Because this period is at least 7 years beyond 1968, the date for which the reliability 
feasibility ranges were assumed valid, it is anticipated that the upper end of the 
reliability feasibility ranges wil l  be higher. Jus t  how much higher i s  difficult to 
establish at this time due to inadequate data. However, there are many factors that 
are expected to have a significant influence on this upward trend. One of the factors 
that warrant consideration during this study is the adjustment or allowance for the 
environmental severity of the flight. 

Experience shows that it is usually necessary to employ adjustment factors (JS) when 
reliability assessments of a system are made using data from systems having dissimilar 
environments. In this study, adjustment for flight environment is considered to be 
paramount.. Since the failure data were from a benign environment, this adjustment 
is expected to lower or  degrade the system’s reliability. 

How much de radation to expect from this adjustment was given considerable attention. 

some environments these K-factors are  in good agreement, for others there is a 
considerable difference. In this study a K-factor of 5 w a s  used for all phases of flight 
except the second stage thrust and coast phases, where 125 and 1 were used, respectively. 
These values represent average values of the K-factors developed by Boeing for the 
supersonic transport (SST) design. (2) 

Although it is usually difficult to establish functional relationship between cost and 
reliability, cost of parts is expected to have an impact on the system’s reliability. 

Table 2.6-4( pi is a compilation of some currently used environmental K-factors. For 

Initial parts cost is affected by a number of elements such as time a s  related to 
product life cycle, cost of manufacture, competition, and existing market situations. 
For parts having rapid technological growth these factors combine to produce an 
average selling price that can vary extensively during its product life cycle. 

( ) denotes reference 

U 3  4 8 0 2  1434 R E V - 8 - 5 3  

_”..-... - . 



PART RELIABILITY ACHIEVEMENT a 

FIGURE 2.6-1 

~2-113016-6 
Sheet 73 



NUMBER 
REV LTR 

8 

5: 

cu 
d 

I 

d 

0 cu 
I 
M 

VI 
I 
M 

cu 

d 

d 

ri 

ri 

d 

O k  
+ a ,  a +  
k 5  o n  
P f i  (do 
d U  

VI 
Pi 

0 
m 

0 
M \o d 

b o \  

\ 

cu 
Q 

d d 3 
d 

d (v Q 

0 .  
d E 8  

d 0 
ri 

I 

m e  

d d  
9'0, 

d 
k 
Ln 
14  

dv) 

In 
4 0 

v, OD 

b 

d 

Q 

d 

d m m  
2 .a m 

d 

a 
n 
c, 

n 
c, a 

k 
8 
pa 
2 
v) -- 

SHEET 74 



NUMBER 

cu 
OI 8 

l-l 

8 

. .  

In 

W@ f 
m s  
(I,* 

% e  
0 , a J  c i t .  , 

. .  4 

s: cu 
d 

0 8 (u m 8 
OI 

d 

n 4 

c, fi 
S! H .rl 

* - 
SHEET 75 D2-113016-6 



NUMBER 
REV LTR 

Figure 2.6-1 illustrates quite vividly how the failure rates of some parts, used on 
current military programs vary as a function of procurement policy, i. e. ,  whether the 
part is of the standard military variety that requires a nominal amount of testing, quality 
control, etc., o r  it is of the hi-re1 variety which requires considerably more testing, 
screening, etc. 

A study by Rand Corporation indicates that the reliability of integrated circuits is also 
quite sensitive to the type procurement policy used. (3) 

For example, the study shows that an integrated circuit with a complexity equivalent 
to 30 discrete parts has a failure rate of 116 percent per 1000 hours when procured as 
a standard military grade compared to a failure rate of 29 percent per 1000 hours when 
procured as a high reliability grade. The predicted prices (dollars) for this integrated 
circuit in quantities of 10,000 were as follows: 

Year - 
Standard Military 

1968 1970 - 1965 - 
20 10 4 

Hi-Re1 30 17 9 

In conclusion, the results of this phase of the study indicate that from the standpoint 
of reliability and part cost the design reliability objective of 0.99 and a mission 
reliability goal of 0.95 can be met in an economical manner. 

, 

- 

~~ 
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2.7 COST AHALYSES 

A cost mmlel has been developed fo r  comparing a l te rna te  navigation 
and guidance concepts. 
fram various sources and t o  explain trends t o  be expected. 
t h a t  contribute t o  cost differepces include (1) the development 
effort required t o  meet progran requirements, (2)  differences i n  
functional capability, (3)  differences i n  performance, for example, 
accuracy, (4) the extent of the r e l i a b i l i t y  program and tes t ing  
effor t ,  ( 5 )  differences i n  equipment complexity, ( 6 )  differences i n  
technology, f o r  ex-le, discrete  electronic p m t s  versus integrated 
c i rcu i t s .  It i s  difficult t o  a t t r i bu te  differences i n  the available 
cost summary data t o  these various potent ia l  influencing factors.  

An e f fo r t  has been m2e t o  average cost data 
Factors 

Program costs are divided i n t o  non-recurring and recurring categories. 
The non-recurring costs are a measure of the research, design, 
developnent, and test e f fo r t  required t o  obtain the f irst  flight 
article. 
un i t s  on a production l ine nmufacturing a id  t e s t  basis. 
cost data developed thus far has been p r i m r i l y  fo r  recurring costs. 

Recurring costs are t h e  costs of o b t a i a . 6  additional 
The comparative 

Recurring costs depend on the number of units produced on a learning 
curve. 
f o r  different  programs. A 90% learning curve has a second unit cost 
9& of the second, and a 200th uni t  cost 905 of the 100th unit .  
Figure 2.7-1 shows hov the unit cost varies v i th  the nuxber of the  
unit  produced fo r  variocs learning curves. 
cost is a neam of ccanpcring alternate syctem designs i f  they can be 
produced on the  same learning curve. If different  learning curves 
exist then the comparison should be on the basis of re lnt ive t o t a l  
recurring cost f o r  the  nwriber of un i t s  required fo r  tine progriin 
under consideration. 

The learning curve experience has varied between 85$ t o  95$ 

The i n i t i a l  uni t  recurring 

Two types of inputs have been used i n  developing a cost m o d e l  for 
alternate navigation and guidance systems. The first approach i s  
t o  build up the cost of a systex f'ron coToncrt costs. 
approach is  t o  swawize i n c h t r y  cost proposds f o r  o v e r d l  systecls. 
"he t w o  approaches should give the sane mziier fo r  a consistent model. 

Cost estimates f o r  a number of basic navip+,ion sensor types are  
given i n  Table a-1. 
components are a f'unction of t he i r  accuracy performance. 
sigma random d r i f t  r a t e  has been used as a fi,.;ure of merit f o r  
labeling gyro cost classes; and bias error  has been used t o  chmacter- 
i z e  accelermeter  performame. 
based on experience i n  tes t ing  inertial conponents i n  the Eoeing 
i n e r t i a l  laboratory, on the cost f o r  the purchase of a number of 
different coqonents, and on industry component cost quotations. 
cost estimates f o r  doppler radas,  star trackers, astrocmpass, and 
v e r t i c a l  references have been based on several  typical  values f o r  each 
component. 
t o  help explain differences i n  Quotations. 

The second 

The cost of gyro and acceleroneter i n e r t i a l  
The one 

The cost pe r fomhce  correlation i s  

The 

Three points on a cost learning curve have been e s t i m t e d  
The learning curve used 
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i e  a typical  one (91$) for  overal l  naviegtion systems. 
cos ts  are greater than the star tracker estimates because of the in- 
clusion of the  astrocompass computation functions in current designs. 

The i n e r t i a l  platform and associated platform electronics cost estimates 
given in Table 2.7-2 have been based on both type6 of  cost  inputs. 
first unit  costs  can be'obtained t o  a good approximation by taking the  
gyro and accelerometer costs f o r  the  number of components used i n  a 
platform and multiplying by a factor  of two t o  obtain the platform 
plus electronics costs, the cost estimates f o r  production runs are 
averages of  industry cost  proposals. A 915 cost learning curve has 
been used to relate production costs  t o  first uni t  costs. A close 
correlation has been obtained between the two ways of estimating the 
costs. 
meters except for  the 0.001 degree/hour platform which has two two-degree- 
of-freedom gyros. 
Stage 2 i n e r t i a l  platforms since Stage 2 experiences much higher accelera- 
t ions  than Stage 1 with a resu l t ing  greater error sensi t ivi ty .  

The astrocompass 

The 

The platforms are assumed t o  have three gyros and three accelero- 

Higher performance accelerometers have been used f o r  the 

Computer capabili ty and cost  trade data are given i n  Table 2.7-3. 
data w e r e  obtained f r o m  another Boeing preliminary design e f fo r t  and 
have Included nomallzed r e l a t ive  cost  estimates fo r  a family of 
preliminary design computer configurations made by Autonetics. Dollar .- 
estimates f o r  several preliminary designs were made by Boeing by develop- 
ing  component costs  and construction costs  in to  an estimate of the overal l  
computer cost  by standard cost estimating procedures used fo r  cost  proposals. 
Memory unit costs were used t o  relate the dol la r  estimates for  the several 
Boeing designs t o  the  normalized r e l a t ive  cost  data. The resul t ing computer 
cost  estimates then checked very closely wi th  several independent cost  
estimates by two other computer manufacturers. 

These 

The computer cost  estimates have been made fo r  configurations with only 
a basic minimum capability. 
16 b i t s  per word. 
Destructive readout (DRO) memory has been used. 
Input-output capability has been used. 
of microelectronic integrated c i r c u i t s  wi th  a significant cost reduction 
compared t o  designs of several years a- using discrete  electronic 
parts. The ef fec t  of these assumptions is t o  make the  computer costs  
less than the  cost  of typ ica l  current navigation and guidance computers. 
However, since computer costs  f o r  a given capabili ty are expected t o  
ep down with time the  Table 2.7-3 estimates are believed r e a l i s t i c  f o r  
t h i s  trade study. 

The data words and instruction words have 
There are 16 instruct ions in the  computer control. 

A minimum required 
The costa are based on the  use 

The cos ts  of  navigation and guidance systems are estimated by combining 
sensor costs  from Table 2.7-2 with computer costs from Table 2.7-3. 
Some possfble combinations f o r  Stage l n a v i g a t i o n  systems are given i n  
Table 2.7-4, and Stage 2 possibilities are given i n  Table 2.7-5. 
application with a Wch 7 cruise  speed f o r  Stage 1 the doppler radar and 
astrocompass systems are less accurate and more expensive than a low 
accuracy, 37 km/hr. (20 N.M./hr), i n e r t i a l  navigator. 

In t h i s  

On t h i s  basis these 
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ByBtems (1. and 2 of Table 2.7-4) can be eliminated from further consideration. 
Table 2.7-6 shows the range of costs of the launch vehicle guidance 
and navigption system using different combinations of Inertial systems 
In the Stage 1 and Stage 2 vehicles. 
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Table 2.7-6 

LAUNCH VEHICLE GUIDANCE & NAVIGATION COSTS 

Stage 1 

20NM/hr 3 7 h / b .  

0.1 m/hr 0.18 

20 m/hr 37 

1 NM/-kr 1.85 

1 N M / ~  1.85 

0.1 NM/hr 0.18 

"M/hr  37 

1 m/hr 1.85 

0.1 m/hr 0.28 

20 mi/hr 37 

1 N M / h  1.85 

0.1 NM/hr 0.18 

Stage 2 

l0/hr, ~ i s l  Coquter 

l"/hr 

l"/hr 

O.l"/hr 

0.l0/hr 

O.l"/hr 

O.Ol'/hr 

0.Ol0/hr 

0.Ol0/hr 

O.0Ol0/hr 

o.O01o/hr 

O.o0l0/hr 

Tota l  Cost 

$202K 

9 3 2 7 K  

W47K 

$257 K 

$382 K 

$502 K 

W 5 K  

$540K 

W Q K  

$585 .K 

$710. K 

$8303 
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2.8 Tradeoffs 

Performance, r e l i a b i l i t y  and cost estimates are  combined i n  the trade 
off comparison of  alternate navigation and guidance concepts. 
pmposed approach t o  a measure of t he  overa l l  performance of  a navigation 
and guidance system i8 based on payload weight. 
that the payload effectiveness i s  proportional to i ts  weight. This is  
reasonable since payload maneuvering capabi l i ty  is approximately propor- 
t i o n a l  t o  f u e l  weight, e l e c t r i c a l  subsystem capabi l i ty  is  proportional 
t o  its weight, mission time capabi l i ty  depends on the weight of  ex- 
pendables, and the  number of  sensors that  t he  payload can carry is 
determined by their  weight. 

The 

The assumption is made 

A reference payload weigbt W = 6,200 kg (13,720 lbs . )  is  defined f o r  an 
ideal navigation and guldancg system - one that has zero weight, zero 
emrs, and an ideal guidance l a w  with zero fue l  penalty. 
weiefrt penalty due t o  navigation and guidance is  then determined f o r  each 
concept under consideration. This penalty is  the  sum of  the  navigation 
and guidance equipment weights, the fuel R n a l t y  due t o  a non-ideal 
guidance l a w ,  and the  fuel penalty t o  correct errors.  The second stage 
weights subtract  d i r ec t ly  f r o m  t h e  payload. The Stage 1 navi@,ion 
and guidance e f f ec t s  on the payload weight is scaled down by the  ra t io :  

The payload 

Stage 2 w e i g h t  a f t e r  rendezvous I o.log 
I n i t i a l  stage 2 weight 

The Stage 1 penal t ies  include the fue l  weight t o  correct  the return phase 
errors t o  reach the landing f i e l d  gLven i n  Section 2.5.4. 

The t o t a l  payload weight penalty i s  AW due t o  both the  first and 
second stage navigation and guidance systems. 
effectiveness is  

The re l a t ive  performance 

W - A W  
P .  
wP 

. where W is  the reference payload weight. The navigation and guidance 
r e l i a b i f i t y  f o r  the  specified mission is  designated R. 
r e l a t ive  effectiveness is  

Then, the overa l l  

W -AW 
P X R  

wP 

The total payload w e i g h t  penal t ies  have been obtained by adding the  
rendezvous fuel w e i g h t ,  (2.5.2) Stage 1 equipment weight modified by the  
exchange rat io ,  Stage 2 equipment weight, (2.3.3), and the  rendezvous 
radar weight for the  terminal phase three  s i p  posi t ion e r ro r  (Appendix 
a'). The resu l t i ng  t o t a l  payload weight penalty f o r  the  rendezvous 
mission (return phase i s  not included) is given f o r  selected navigation 
and guidance systems i n  Figure 2.8-1. 
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The total  vector velocity e r ror  a t  Stage 2 thrus t  cutoff fo r  InJection 
in to  the  rendezvous transfer orb i t  has been used t o  characterize the  
accuracy performance for  the  system concepts given i n  Section 2.3.3. 
The total payload weight penalty is plot ted versus t h i s  t o t a l  velocity 
e r ro r  i n  Figure 2.8-2. 
w e i & t  penalty fo r  system configurations not summarized i n  Ngure 
2.8-1. 
gLven versus the t o t a l  velocity error  a t  t ransfer  inject ion i n  
pigure 2.8-3. 

The overall re la t ive  effectiveness - weight performance X r e l i a b i l i t y  - 
l o  plot ted as a f l u t i o n  of guidance accuracy i n  Figure 2.8-4. High 
and low values of estimated r e l i a b i l i t y  f r o m  Table 2.6-1 have been used. 
The system r e l i a b i l i t y  is the  product o f t h e  Stage 1 and Stage 2 - 
navigation and guidance system reliabilities. Also the  Figure 2.8-3 
re la t ive  performance trade has been modifled t o  include the Stage 1 
return-to-base navigation error-payload t rade f r o m  Section 2.5 . 4. 
results are given i n  Figure 2.8-4 as SIX curves: 
estimates, and 18.5, 1.85, and 0.18 km/hr. (10, 1, and 0.1 N.M./hour) 
Stage 1 navigation accuracies. 
effectiveness of the  1.85.km/hr (1 N.M./hr. and 0.18 km/hr. (0.1 N.M./hr) 
Bystems f o r  the  l o w  r e l i a b i l i t y  valves, and the curves are superimposed 
for t he  high r e l i a b i l i t y  valves. 
accuracy trade there is no significant advantage t o  a 0.18 km/hr. (0.1 
I.M./hour) Stage 1 system. 

This figure can be used t o  estimate the  t o t a l  

The re la t ive  performance effectiveness, from Equation (l), is 

- ~ 

The 
high and low r e l i a b i l i t y  

There i s  very l i t t l e  difference i n  the 

This indicates t h a t  f o r  an effectiveness e 

Recurring cost  data f r o m  Section 2.7 is plot ted versus the  t o t a l  vector 
velocity character is t ic  e r ror  i n  Figure 2.8-5 fo r  the  three Stage f 
navigator accuracy classes. 
and cost  fYom Figure 2.8-5 are cross plotted an Figure 2.8-6 t o  give a 
cost  - effectiveness trade. 
(1 degree/hour and 0.1 degree/hour gyros) can be eliminated from t h i s  
trade. Also, the  very h i @  accuracy Stage 2 system, 0.001 degree/hour 
gyro class, gives a very marginal increase i n  effectiveness f o r  a large 
Increase i n  cost; and thus, can be eliminated. This narrows the  con- 
sideration t o  the 0.01 degree/hour stage 2 accuracy class; but does not 
distinguish between the 18.5, 1.85, and 0.185 km/hr (10, 1, and 0.1 N.M.-/ 
hour) Stage 1 navigators. 
for about $125,000 increase i n  recurring cost  i n  going from.18.5 km/hr. 
(10 N.M./hour) t o  1.85 lan/hr. (1 N.M./aOw),  or  mm 1.85 km/hr. (1 N.M./ 
hour) t o  0.185 km/hr- (0.1 N.M./how). 
system has been established by the qual i ta t ive factors  discussed i n  
Section 2.9. * 

Aided i n e r t i a l  systems - doppler i n e r t i a l  and s t e l l a r  i n e r t i a l  - have not 
been considered i n  t h i s  effectiveness trade because they create deve lop  
ment problems and ins ta l la t ion  problems that are expected-to s ignif icant ly  
Increase the  non-recurring development costs. 

Overall effectiveness from Figure 2.8-4 

The low and medium accuracy Stage 2 systems 

An 0.5$ increase i n  effectiveness is obtained 

The selection of the  Stage 1 
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2.9 

2.9.1 

RECOMMEiiDFJ) NAVIGATION ATJD GUIDAIICE COI?CEprS 

Two navigation and guidance concepts are  recommended fo r  detailed 
Phase 2 study. One of these concepts has been selected from current 
or near term technology w i t h  the objective of minimizing development 
costs and also minimizing performance penalties. The second concept 
has been selected from potent ia l  or advanced concepts t o  determine 
the payoff f o r  additional technology development e f fo r t  t o  the launch 
vehicle capabi l i t ies  

RECOMMENDED cLRRKNT TECHNOLOGY COFICEFT 

Stage 1 Navigation and Guidance 

(1) 

(2) 

(3)  

Pure i n e r t i a l  p l e t fom besic navigztion techmique, 1-85 km/hr. (lNM/Br 
CEP accuracy class. 
Flexible general purpose d i g i t a l  computer fo r  implementing 
multiple mode guidance methods. 
Air data system - air  density and t rue air speed - t o  minimize 
performance penalties associated with f l i g h t  prof i le  constraints 
and t o  provide needed data t o  the p i l o t  f o r  takeoff and landing. 
Radar alt imeter (or pressure alt imeter) fo r  s tab i l lz ing  the 
i n e r t i a l  navigator ve r t i ca l  channel. 
F'ilot displays and controls for  operation of the system and 
monitoring performance. 
VOR, Tacan, and ILS (instrument landing system) radio navlgation 
aids fo r  descent and landing f i e l d  approach under a l l  weather 
conditions. 
RefueUng rendezvous radio a id  (study required t o  determine 
If additional aid i s  needed for  this function). 
Conventional communications receiver fo r  ta rge t  s a t e l l i t e  
o rb i t  updating. 
Redundancy t o  meet r e l i a b i l i t y  and flight safety requirements. 

(4) 

( 5 )  

(6) 

(7) 

(8) 

(9) 

Stage 2 Navigation and Guidance - Manned FUght 

Pure inertial .  ylstfom- - 0.01 d-gree/how m o  drift  r a t e  and 
3 x 10-5g accelerometer bias accuracy class, pref l ight  leve l  
and alignment. 
Flexible general. purpose d ig i ta l  conputer f o r  implementing 
near minimum f u e l  guidance l a w ,  d i r ec t  ascent or parking orb i t  
options, rendezvous terminal. phase guidance, in-orbit  navigation 
and guidance i f  required, and deorblt and reentry navigation and 
guidance . 
Terminal phase acquisition and tracking radar for  uncooperative 
targets,  with a cooperative target  mode. 
= lo t  displays and controls fo r  operation of the system and 
monitoring performance. 
Communications f o r  ground assistance i n  emergencies. 
Redundancy t o  meet r e l i a b i l i t y  and flight safety requirements. 
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Stage 2 NaviFgstion and Guidance - Unmanned Flight 

I 5 )  Communications l i n k  fo r  mode control and override. 
(6) No redundancy. 

1) same i n e r t i a l  platform. 
2) Simplified digital  computer. 
3) 
4) No displays o r  controls. 

Same acquisit ion and tracking radar. 

2.9.2 RECOMMENDED ADVANCED TECHNOLOGY CONCEPT 

Stage 1 Navigation and Guidance 

(1) 
class. 

(2) Flexible general purpose d i g i t a l  computer, s t a t i s t i c a l  data 
processing fo r  navigation accuracy improvement using 
auxiliary sensor data, lambda matrix guidance l a w .  

Strapdown i n e r t i a l  system, 1.85 km/hr (1 NM/hour) CEP accuracy 

3) 
4) 
5) 
6) 
7) Conventional communications receiver. 

Omem and navigation satell i te posit ion updating. 
A i r  data system and altimeter. 
VOR, Tacan, IIS descent and landing radio aids. 
Refieling rendezvous radio aid ( i f  needed). 

Stage 2 Navigation and Guidance - Manned Flight . 

1) Strapdown inertial .  system. 
2) 

3) 
4) Pilot displays and controls. 
5 )  Cormmicat ions l ink .  

Flexible general purpose digi ta l  computer, DDA f o r  coordinate 
transformations, lambda matrix guidance l a w .  
Terminal phase acquhi t ion  and tracking radar. 

I 
t 

S t a s  2 Navigation and Guidance - Unmanned Flight 

1) s a m e  s t r a p d o w n  i n e r t i a l  s y s t e m .  
2) Simplified digital computer. 
3) Same acquisit ion and tracking radar. I 4) Communications l ink.  
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2.9.3 Discussion of the Recommendations 

A 1.85 km/hr. (1 N.M./hour) CEP accuracy c lass  Stage 1 system has 
been selected f o r  several reasons. 
air t r a f f i c  control i s  much more effect ive and the  probabili ty of 
air col l i s ion  is  reduced. 
approach t o  the  airfield when navigation ermrs are large. 
refueling rendezvous task i s  also easier with accurate navigation. 
An i n e r t i a l  navigator has been selected. Considerably more develop- 
ment e f fo r t  has gpne into the 1.85 km/hr. (1 N.M./hour) c lass  system 
than either 18.5 km/hr. (10 N.M./hour)or 0.185 km/hr. (0.1 N.M./hour) 
system. Development cost  fo r  a 1.85 km/hr. (1 N.M./hour) system w i l l .  
not be excessive. 

Flight safety i s  increased because 

This is  par t icular ly  important i n  the  
The 

The selection of i n e r t i a l  navigation systems follows naturally f r o m  
t h e  mission profile and mission constraints. 
high al t i tude,  high speed and hos t i le  ex ter ior  environment, (e.g., 
high skin temperature) together with the requirement f o r  world-wide 
operation all point t o  the  choice of a self-contained navigation 
system operating independent of exter ior  aids.  
o f t h e  art i n e r t i a l  navigation systems is  adequate f o r  the mission. 
Thus, t he  additional development costs expected fo r  aided i n e r t i a l  
systems - doppler - i n e r t i a l  o r  stellar i n e r t i a l  - can be avoided. 
development of a Mach 7 doppler radar, the radome problem, and the 
star t racker  window problem are avoided. 

The short  mission time, 

The accuracy of s t a t e  

The 

The radio and radar components specified f o r  t he  recommended concepts 
have not been studied i n  detai l  i n  the  Phase I study. 
provide potent ia l  advantages and require fur ther  study during Phase I1 
before a def in i te  selection can be made. 
expected t o  be a c r i t i c a l  problem and may have a decisive effect on 
the  final confiwration. 

These aids 

Radome and antenna heating i s  

To date, a l l  i n e r t i a l  navigation systems capable of meeting the desired 
accuracy of 1.85 km/hr. (1 IV.M./hour) have been glmbaled platform 
systems. Recently, however, a great deal of work has been directed 
toward the  development of strapdown i n e r t i a l  navigation systems. 
strapdown system potentially of fe rs  the advantages of higher reliabilit;  
lower weight and power, and lower cost. 
be computed i n  a strapdown system, more computer capacity i s  required 
than i n  the  gimbaled system. For equal accuracy i n e r t i a l  components, 
the  accuracy of the  strapdown system i s  lower than that of the  platform 
system due t o  gyro torquer inaccuracy and errors  due t o  computer round- 
off and spped l imitations.  
a strapdown i n e r t i a l  system w i l l  be examined as par t  of the  advanced 
technology concept Phase I1 study. 

The 

Since the  N e r  angles must 

The potent ia l  advantages and problems with 
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World-wide coverage radio aids such as Omega or navigation satellites 
can only be Included as par t  of an advanced concept because the 
operational date fo r  these systems is uncertain. 
system under study i s  not expected t o  Implement these radio aids. 
However, i f  they have been implemented f o r  other national requirements 
there may be cost, accuracy or reliability advantages i n  the i r  u6e f o r  
updating the launch vehicle system. 

The launch vehicle 

The use of s t a t i s t i c a l  data processing techniques (such as Kalman 
f i l t e r i n g )  has not been examined i n  d e t a i l  during Phase I because of 
the broad scope of the  trade study. 
s t a t i s t i c a l  data processing represents an  expected advantage with th i s  
technique which is  currently under development i n  other applications. 
Additional work is required on error  analysis and determination of 
computer requirements. 

The guidance l a w  approach recommended f o r  t he  current technology concept 
is t h e  current state of t he  ar t  technique of dividjn(r t he  flight prof i le  
i n t o  seepents and defining a guidance law appropriate for each seepent. 
The concept includes a f l ight  prof i le  generator for  predicting the  end 
conditions that w i l l  occur i f  the current def ini t ion of the  guidance 
comsnd prof i le  i s  followed. Errors i n  the  predicted end conditions 
result i n  a modification o f t h e  guidance command prof i le  so tha t  the 
rendezvous condition is satisfied. 

The accuracy advantage with 

The guidance law approach recommended fo r  the  advanced technology concept 
is the  lambda matrix technique. 
the  f eas ib i l i t y  and penalties associated with the  lambda matrix technlque 
when applied t o  the  rendezvous problero. 
approaches are t o  be considered also i f  i n i t i a l  studies of t he  lambda 
matrix technique indicate6 a need. 

The Phase I1 e f f o r t  i s  t o  determine 

Other modern control theory 

x 
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APPENDIX Al 

Fayload Exchange k t i o s  

Payload Penalty Resulting from Stage 1 Fuel Penalty 

Payload penalty can be considered i n  two ways f o r  first stage e r rors  

1 )  off-laading stage 2 propellant 
2) reducing stage 2 size  

The-first  method assumes a fixed vehicle design. 
Therefore a reduction i n  Stage 1 payload requires a reduction i n  Stage 2 pro- 

.pel lant  and payload t o  achieve the 8ame orbit .  
penalty i s  equivalent t o  a one-for-one reduction i n  permanent weight. 

The i n e r t  weight i s  fixed. 

The o r b i t a l  o r  Stage 2 payload 

'SB 
Aep 0- 

where 

- 'SB = 1 +Exp 
WEB 

and 

AvI  - i dea l  velocity gained along stage 2 nominal t ra jectory 
Is - propellant specific impulse 
g - sea leve l  gravitational constant (32.2 f ~ s )  
WSB - stage 2 start burn w e i g h t  
WEB - stage 2 end burn weight 

- payload penalty 

For the current s t u Q  the r a t i o  of start burn t o  end burn weight i s  about 4.66, 
so 4.66 pounds of first stage payload i s  equal t o  1 pound of o r b i t a l  payload. 

A WP - propellant penalty 

The second method assumes a rubber stage 2 where the i n e r t  and propellant 
weights vary according t o  the s t ruc tura l  re la t ion 
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where : 

- stage 2 propellant weight wP 

- stage 2 i n e r t  weight wI 

A' - canstant equal t o  -882 

Combining t h i s  re la t ion with the mass r a t i o  

In this case 9.16 pounds of first stage payload is equivalent t o  1 pound of 
orbital payload, 9% lower penalty than off lmding f ie1 for a fixed design. 
The design will be considered f lu id  for  this study so the lower penalty relation- 
s h i p ~  M l l  hold- 

Payload Penalty Resulting From Stage 2 Performance Penalty 

Again considered the stage 2 design is  fluid and s t a r t  burn weight i s  constant, 
the stage 2 performance is defined by ideal velocity 

v + Av = Isg. ~n (,BwS: ysB) ( 1) 

w h e r e  : 

V = ideal  velocity 
A v  = ideal velocity penalty 
43 = specific impulse 
g = gravitational constant 
'SB = start burn weight 
WEB = end burn weight 
AWE, - end burn weight penalty resul t ing f r o m A V  
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The sens i t iv i ty  of weight (i.e. propellant) t o  a change i n  idea l  velocity is 

- w  
dV Is g 

If the additional performance is  added a t  the end of the trajectory, then 

Since, 

I end 

= w p  = w  + E  'SB I 

WP = Propellant weight 

WI = Iner t  Weight 

e. = Payload 

WE* = WI + e 
&WEB , - AWI + AE = -2*AV 

bWSB = AWp + AWI + A e  * 

Therefore, AWp = 2*bV 

From the  constant s t ruc tura l  relation, 

0 

The additional s t ruc tu ra l  weight required is  

Combining ( 6 )  and (lo), 

(4) 

Therefore each 1 foot per second correction mad& a t  the end of the 
t ra jectory i s  equivalent t o  2.27 pounds of o r b i t a l  payload. 
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Methods of Correctinl: Stage Timing Errors During F i r s t  Stage Operation 

This appendix Jescribes four firs3 s t x e  flight teodmiques which 
allow f o r  correcting s t q e  timing er rors  accrued during f i r s t  stage 
operatian as a r e s u l t  of dispersions in aerod.p.dcs, propulsion an6 
atmosphere. 
function of stage timing er ror  correction capabili ty and, shown 
i n  Figure A2-1. 
of nominal path w a s  not the minimum f u e l  path. 

The fuel penalty fo r  each method i s  determined as a 

The negative penalty simply means the  or ig ina l  choice 

Lead Tlme.Method 

The lead time method is shown s c h e m t i c a y  i n  Figure A2-2 as c f i r s ?  
stage ground track prof i le .  
place where staging starts when the minimum fuel u t i l i z a t i o n  condition 
occurs. However t o  allow f o r  time lag of the first stage, the n d n a l  
staging point is  delayed with an associated f u e l  penalty. 

The o rb i t  .plane intercept  point i s  the 

where : 

06 = addi t ional  f u e l  required t o  f l y  the  nominal 

K, = pre-stage f i e 1  usage per unit range 

AR = addi t ional  range t o  f l y  a nominal. path which allo.lrs 
f o r  predetermined 30- lag time errors.  "8 

In  addition t o  the f u e l  used t o  f l y  a sui table  nominal path, correction 
fuel must be carried f o r  nul l ing lead time errors .  

where : 
A& = correction fuel carried t o  allow fo r  lead t i m e  er rors  

= addi t ional  range t o  allow for  l e& time errors  A R,ead 

"he requirenent at  the  staging point t o  s a t i s fy  the rendezvous condition 
i s  tha t  the launch vehicle and t a rge t  s a t e l l i t e  have o specified 
separation distance; t h i s  distance depends on the nominal second stage 
path Curing the thrust period and on the  nmina l  t ransfer  path. 
difference i n  veloci ty  between the launch vehicle and the s a t e l l i t e  
deterclines the change i n  desired staging t imePC,  vhen the launch 
vehicle f l y s  a l o i t e r  distance A?? . The exact relationship f o r  a 
change i n  stage t i c e , t o  obtain the required r e l a t ive  geometry i s  

. 
The 

- ,- 
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Nominal Staging 

L = bR2 

Orbit Plane Intercept Point 
Notes : 

= Incremental range due t o  first stage l ag  time 

h e a d  = Incremental range due first stage lead time 

,& = Minimum in-plane m g e  t o  accomplish staging 
bl,,’ % = Additional range caused by launch vehicle and ta rge t  

vehicle. 
= Return heading angle. 

O2 

CHECK 

APPO. 

APPD. 

Lead Time Method 
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where 
A ZF 
Ll R1 = additional range covered by launch vehicle 

A& 

= ctage t i m e  error  

= additional range covered by t a r s e t  s a t e l l i t e  

= launch vehicle velocity . L :  
vi = target  s a t e l l i t e  velocity 

Note tha tAR2can be posit ive or negative depending on whether the 
staging point moves up-range or down-range. 
the first Stage and ta rge t  satellite f l y  t he  same path so, 

For the lead t i ne  method 

BnE-NC 

A R ,  = AR, 

and t he  s t a g h g  point raves down range. Therefore, 

NO. D2-113016-6 

P R  = V, Va At, 
v2- v, 
or 

= AfiCV2-Y) 
v, v z  

Because of the stretched range on the outbound cruise, zzdditional 
f’uel is required fo r  the return cruise, 

AF; - K , A R  
\ 

The additional ranGe i s  defined by the  geometry of figure 1. 

where : 
’ A R v =  

b =  
r =  

= 

additional return cruise range due t o  nontnal fli&ht 
path or/and correction of phasing errors 

minimum staging rcusge 

airbreather cruise course turn radius 

return heading r e l a t ive  t o  n i n i - m  fue l  outbound cruise 
heading 

nM.muin f ie1  return heading angle 

post-stage f i e1  usage per un i t  range 

change i n  rm-ge along the o rb i t  plane resul t ing f’ron outboun 
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cruise path other then the r d n i m  f u e l  path 
(f'rom equation ( 5 )  fo r  lead time nethod) 

It w i l l  be shown tha tAR2 can be posi t ive as i n  the lead time method 
thus increasing the  return range and associated f u e l  penal t r  or  it can 
be negative resu l t ing  i n  a shorter return range and providing a compec- 
sa t ing  e f f ec t  on the  outbound f u e l  penalty. 

I n  consideration of the outbound aqd inbound cruise penalties,  the 
resu l tan t  f u e l  penalty i s  

A F  = AF;+AG (8 1 
where 

A F  = first stage &el  penalty resu l t ing  fram lead and/or 

dF; = prestcrge f i e 1  penjLty 

lag time correction capabi l i ty  

A 5  = post-stage f'uel penalty 

Trombone Tbrn Method 

This method is  shovn schematicilly i n  Figure A2-3 as a first stage 
ground t rack prof i le .  
S-turn for greater  or  l e s se r  heading angle change depending upon whether 
t he  f i r s t  stage leads or  lags the  t a r e e t  vehicle. 
the  o rb i t  plane intercept  point. 
deternination of the f u e l  penalty but the  additional range of stage 1 
i s  defined by the  re la t ion :  

I n  this case the  time var ic t ion occurs during an 

Staging OCCUTS a t  
Equations (1) and (2) apply fo r  

AR, = r ( 8 - s r n & )  (9 1 
where: 

A e = increnegtal  range covered by the  hunch vehicle 

8 = heading chanze i n  the  t u r n  

and the add i t iona l  ranse of t h e  target vehicle i s  

ARE - 2 r ( ~ - C o S 5 )  (10 1 
Substi tuting the relat ionships  of equations ( 9 )  and (10) i n t o  equation 
(31, 

A t E  = r ( 8 - S l n 6 )  + Z r ( l - C o s e )  (u) 
VI vz 

It can be seen by comparing equations (5a) a d  (ll) t h a t  the trombone ' 

method provides a b e t t e r  time correction technique than the lead 
time method. 
ence i n  veloci ty  t o  k i l l  t i n e  where as the  troclbone method has the  
t o t a l  t a rge t  vehicle veloci ty  plus sone vwying component of the  launch 
vehicle veloci ty  worlring for it. 

This i s  because the  lead time method depends on the d i f fe r -  

I n  other vords s t q e  t i m e  delays a r t :  
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created more e f f i c i e n t l y  with the  Launch vehicle i n  any direct ion 
other than the direct ion of the  t a r e e t  vehicle. 
change angle were allorJed t o  incresse t o  90 degrees, the launch vehicle 
veloci ty  would add d i rec t ly  t o  t a rge t  vehicle ve loc i ty  f o r  purposes of 
k i l l i n g  time. Equation ( 5 )  would become PR=~VzL3t~/(fitV+) f o r  tha% 
period of time which the  launch vehicle f l ies  in the opposite d i r e c t i m ,  
as the t a rge t  vehicle. For some ranges of heading angle change, another 
favorable influence is the  e f f ec t  of staging point E h i f t  on re turn  range, 
Equation (7)  ohowa that  for &.negative a h i f t  i n  ataglng point the re turn 
range i s  reduced. 

If the  heading 

A F r  = Rs ~ ~ ~ ~ + C O S ~ , ) - ~ ( / - C O S ~ )  . - Rs t r ( I+cosQ: ) .  

(12 1 Stn e: Srm op 

+ W+-@;j  
where: ., 

o2 = re turn heading angle ' re la t ive  t o  the m i n i m  f u e l  outbound' 
heading angle . ?  

! 
@: = re turn heading angle for  the minimum fuel 

return path r e l a t i v e  t o  the  minimum f i e 1  outbound headin8 
angle 

This i s  the  case f o r  the  nominal f l i g h t  path using the'trombone method 
and has. a compensating e f f ec t  on the  m e 1  penalty. However, f o r h l e s r s  
than zero or greater  thane,. the e f f ec t  becomes additive.  Preliminary 
analys5.s indicates  t ha t  for  expected three G i e p l a  stage,t ime errors,  the 
effect  i s  always compensating fo r  f ly ing  the nominal but adverse f o r  
l a g  time error as indicated by Figure A2-3. 

Adaptive Cruise Method 

This method i s  shown schematicrlly i n  Figure A2-4 as a launch vehicle  
ground track. 
cruise  them. ;L f i n 3 1  turn  i n t o  the  t a rge t  plane. 
plane i r t e r ccp t .  
method, but equations (9) and (10) have the  added term r e m l t i n g  from , 

It employs a heading angle change folloxed by a period of 
Staging occurs at  o r b i t  

It is nnthemt ica l ly  oFnilar t o  the trambone turn 

launch vehicle cruise  following the heading change. ? 

A R ,  e P ( @ - S I ~ @ )  + R , / ( / - ~ Q s @ )  (13 1 
and 

I 3. (14 1 
, 1 , .  where AR, = - 2 r ( / - c c s 8 )  - R, sin 8 

&' = cruise range following the  hczding angle change 

It is determined from the t o t a l  offset, the  acceleration range and the  
cruise range before the  heading angle chmge as a function of the headhg  
angle change 

-- * I .  

. >  
cos 8 
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where 
@44 = orb i t  o f fse t  

Rac = launch vehicle acceleration range 

4 = cruise range pr ior  t o  the heading change 

The uprange tern Rc (1 - Cos 0 )  i n  the dR, equation has the e f fec t  of 
reducing the heading change required t o  correct a given error.  This 
can be a significant factor  i n  determining of e f f ec t  of sere along the 
launch vehicle f l i g h t  path' the stage t i m e  errors  become known. If they 
occur ear ly  i n  the trajectory,  the rrdzptive cruise raethod becomes 
a t t rac t ive  because of the smaller deviation from the  miniom fuel 
f l i g h t  path. 
trombone method may well be the more economical scheme. 
analysis, indicates large errors are possible i n  the acceleration phase. 
For example, stage time errors  are quite sensi t ive t o  deviations i n  
thrus t  during acceleration. 
Influence during the cruise/turn. In practice, cambination of a l l  
t w e e  time correction methods would probably be used because no greater 
p i d a c e  coxplexity i s  added t o  the system by the addition of these 
simple equat iox  than i s  requjred t o  deternine t'ne posit ion of the  
moving ta rge t  p l m e  under nominal f l i g h t  path conditions. 
the combination method were used then acceleration phase errors as 
well as early cruise errors could be nulled by the  adaptive cruise 

- method, cruise time errors could be nulled by the  trombone turn method 
and f i n a l  phasing errors could be corrected by the lead t i m e  method. 
'Rds allovs the large stcge time errors  t o  be corrected by the  clost 
econoniczl method. 

However i f  large errors occur in the  cruise phase the  
Preliminary 

On the other hmd,winck have a dOInirEiting 

If icdeed 

I- 

/- 
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Throttle Control 

Timing errors can a l so  be corrected by t h ro t t l e  control. 
i s  defined by the p a r t i a l  derivative 

The f u e l  penalty 

where : At is the timing er ror  

B F  - = r a t e  of f i e1  usage with respect t o  timing e r ro r  3t 
L F  is the fie1 penalty 

The derivative i s  not conveniently evaluated therefore it is  rewritten 

aF 'aP/Lv 

V is  the cruise velocity 

- -- 
At bt IbV 

where: 

The d e n a n a t o r  can be evaluated since 

where : R I s  t he  range t o  -go t o  staging 
V is  the cruise velocity 

then 

(3) 

To evaluate the numerator an expression must be written fo r  fuel i n  terms 
of velocity. From the  range equation. 

where F = Are1 
W = weight when timing er ror  is recognized 
R = m P  to go 
RF' = range factor  

which can be different ia ted with respect t o  velocity 

but (LID) 
C r ; r  

RF 2 

D2-ll3016-6 SHEET 
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where (W = uft t o  drag =ti0 
V = cruise  velocity 

efc  - specif ic  f ie1  consumption 

Bcrth L/D and s f c  are veloci ty  dependent therefore; 

This derivative evaluated a t  cruise velocity is 

(8) NM 
'z 06% - .  

sps 
Substituting equation (8) i n t o  equation (5) and evaluating a t  the s t a r t  of 
cruise 

and evaluating equation (3) a t  start cruise 

For a 60 second increment in t i m e  

AVck= - 2 ~ 7  QQS 

AF = L-3 \b 
Since the  velaci ty  is constrained t o  7000 fps,  the penalty f o r  correcting 2 
60 seconds would be 1386 lb.\693 t o  f l y  the nominal and 693 t o  correct an 
additional 60 seconds. 

SHEET ~ ~ 1 3 0 1 6 -  5 
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Terminal Phase Sensor Weight Tradec 

lief erence 

1. J. D. W e t t  and L. E. Brennan, "Cumulative Probabili ty.of 
Detection f o r  Targets Approaching a Uniformly Scanning Search 
Radar" ,  A-oceedings of the I=, April 1963, pp 596-601. 

Weight penal t ies  i n  the  rendezvous terminal. phase t o  correct fo r  
navigation and guidance errors  i n  the  preceeding flight phases a re  
caused by two factors :  (I) the  weight penalty i n  performing the 
terminal maneuver, and (2) the weight penalty associated with the 

are s igni f icant  f o r  t he  non-cooperative t a rge t  s i tuat ion.  A non- 
cooperative t a rge t  may occur fo r  a rescue mission, a transponder 
malfunction i n  the fr iendly t a rge t  s a t e l l i t e ,  or  a mil i ta ry  rendezvous 
mission. 
cooperative t a rge t  a r e  a fixed value independent of the navigation 
and guidance e r rors  for  t he  d e s i g o  used i n  Ged.ni and Apollo. I n  
these applications t h e  cooperative t a rge t  seeker range i s  very much 
greater  than the  expected errors.  

taxget acquisit ion and tracking sensor. The sensor weight penalt ies 

The acquisit ion and tracking sensor penal t ies  f o r  a 

The approach i s  developed below f o r  obtainins tarAet seeker weight 
t rades  versus e r rors  f o r  the non-cooperative t a rge t  s a t e l l i t e .  An 
analysis of the detection range perforrmce of G radar t a rge t  seeker 
is summarized here f'ron Refereme 1. A radar sensor i s  the conven- 
t i o n a l  solution t o  the  rendezvous terminal. phase sensor problem i n  
the  current state-of-the-art applications; thus, the current study w i l l  
be llmited t o  the radar case. 

The s t a r t i n g  point for  considering the  radar detection range perfor- 
mance R i s  t o  normalize i n  terms of Roy the  range f o r  uni ty  signal-to- 
noise r a t io .  

4 I?, = F G A e T f i  
where (4 VIz K Tc L 

p = average transmitted poYrer 
ci = transmitt ing antenna gain 

Ac = ef fec t ive  receiving antenna area 
Q = t a rge t  echo area 
q = dweU time, the  t i n e  the t a rge t  is within the  radar beam 

= ef fec t ive  receiver temperature describing i ts  noise l eve l  
L = loss fac tor  f o r  vrurious cm-ponent attenuations 

during o. tingle scan 

This equation assumes t h a t  t he  radar i s  designed f o r  coherent integrat io  
f o r  the time 
matched fi l ter .  

or  equivalently t h a t  the s i g n d  is  passed through a 

~2-1130161j 
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The cumulative detection probabili ty e 
approaching ta rge t  w i l l  have been detected a t  least once by the time 
it reaches a given range R, 
t o  the  radar i n  one semch frmie tine,'I;A=%T vhere 4 i s  the  ta rge t  
closing velocity. The reference shows tha t  there i s  an optimum valve 
of the ratiod/R, for  a given cumulative probabili ty and target  cross 
Eection fluctuation model and equation (1) is  rewritten as 

i s  the probabili ty tha t  an 

. "he distance the  ta rge t  t ravels  re la t ive 

4 3 
= & ,  F A e C  b q* I2 

. 4 ~ 7 & n k  
where SL is  solid angle of the search frame and Q; is  a correction 
factor  f o r  non-coherent integration. 
(2) from (1) are W =  WS the  sol id  angle of the  radar beam, 

Relationship; used i n  obtaining 
- ..- r n  q and O= V,T 

A Equation (2) f o r  the  optimum h, r a t i o  indicates t ha t  the cumulative 
probabili ty detection range depends on the cube root of the  wcertain1;y 
so l id  angle and the  closing velocity. 

~ 

I 

1 
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where K has a constant value for a radar with a given weight and 
e l e c t r i c a l  power input. 

The factors  determining the radar weight f o r  Given detection range, 
search angle, and closing velocity aze the antenna s i ze  Ae the  average 
transmitted pojrer receiver s ens i t i v i ty  %, losses L and ta rge t  
s i ze  CT . 
The radar weight 
range R, fo r  a given search sa l id  angle and clozing velocity: 

can be describe em$iricaUy as a function of the  

(4) 2 /.6 Ria t .02 R,,  w =  Ne+BRlo + CR,: = 5 4  
is the  relationship t h a t  has been used i n  a previous terminal phase 
sensor trade study, vhere W 
The e l ec t r i ca l  power required w i l l  be assumed t o  be proportional t o  
the radar weight. 
150 l b  radar has a 110 IIM rmge a t  a 2000 f p s  closing velocity and 40" 
search so l id  angle. 

i s  i n  pound6 and R,, i n  nautical  miles. 

A150 lb radar requires 1200 va t t s  input power. "lit? 

The ta rge t  seeker w i l l  be used intermit tant ly  during the  d s s i o n  
increasing the p e a  load requirements on the e l ec t r i ca l  po..Jer subsystem. 
A rendezvous vehicle designed with a me1 c e l l  power subsystem had a 
55 lb increase i n  weight t o  hmdle  the  1200 mtt increase i n  peak load 
associated with the radar sensor. The short  tir?e, 1-5 minutes, for 
operation of the  radar sensor required an insignif icant  (1 lb) increase 
i n  f u e l  wei@t. 

The empirical formula ( h )  has been checked with a 1962 prelininary de- 
sign of a rendezvous radar and found t o  be optimistic by l($. 
check is considered good for the  t r d e  study a2plication i n  the current 

. 
This 

s tUdy 
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Usin;: equation (3) t o  modify equation (4) t o  a 1100 0 s  closing 
veloci ty  condition gives 

If A is the  angle on one s ide  of a square search pattern, J2. *Aa and 
using equation (3 )  gives W as a M c t i o n  of the range R, and search 

w = 5 4  + 0.935 Rlo + a0067 R,: 

If E is  the transverse e r ror  due t o  navigation and guidance i n  the 
direct ion perpenrliculaz t o  the  nonlinal closing veloci ty  direction, 
the half search *&le is  given by 

srn(A) = E 
X rQI 

mus, the  rcrdar weight W i s  a function of E and R1. For a given e x o r  E 
there  i s  an o p t i m - s c a n  angle established by the  conditionT 

$ p o  
The analyt ic  expression obtained i s  complex. Using equations (5) and 
( 6 )  the ninimum weight cecsor was determined by a numerical search 
process fo r  two assumptions of transverse error, 10 MF! and 25 fR4. 
resul t ing sensor character is t ics  a re  given i n  the following table:  

The 

TABLE. 1 

War weight 

Supporting Power treight 
81 lbs .  

30 lbs .  

132 lbs ,  

49 lbs .  
Total weight increase 11l lbc. 181 lbs . 
These sensor character is t ics  were obtained from the or iginal  sensor 
weight model, equation (4). A detailed radar sensor prelidninary d e n i f n  
would be required t o  ver i fy  the  character is t ics  i n  Ta3le 1, The e f fo r t  
t o  accomplish t h i s  io beyo9d the scope of the current t rade study. The 
sensor weight t rend t h a t  has been obtained i n  Table l i s  used t o  give 
the approximate trade of sensor weight plus supsorting e l e c t r i c a l  power 
versus navigation aqd guidance transverse error .  This trade i s  given 
In Figure.A5-l. .A cer tain m i n i r m  weight is  required t o  provide m 
er ror  sensing sensor vhen the transverse e r rors  a r e  small. 

c 

REV LTR 
U3 4288-2000 REV. 1/6S 



. .  

VERSUS INITIAL ERRORS 

U3 4013 Boo0 REV 1/66 

REV LTR 

i &  -425 - * 3) 
I 1 I - ! ! 

- ;  5 1 : 10 t :15 
Transverse Erro r  ' i n  Ntiutickl Miles 



APPENDIX A-4 
NUMBER 
REV LTR 

z 
W ..* I- t' 
K 
3 
W ~ 

P * 
I- 
a 
0 
L 

y r  . 

SHEET 
D2-113016-6 
A b 1  UI 4 1 0 2  1 4 3 4  R E V .  8 - 8 5  

REFERENCES - DATA SOURCES 

A. 

B. 

C. 

D. 

E. 

F. 

G. 

H. 

I .. 

J. 

K. 

L. 

M. 

D2-100255, 'Beliability Analyses and Supporting Data - Lunar Orbiter": The 
Boeing Company, June 17, 1964. 

D2-82665-1, "Burner II Reliability Analyses Report": The Boeing Company, 
January 7 ,  1966. 

T5-607/3061, "Astrionics Reference System Description" (Proposal for Voyager 
'69 Guidance and Control): Autonetics, Division of North American Aviation, Inc., 
March, 1965. 

Autonetics Letter, 64AN/NSD2506, "Self-Contained Navigation Systems, Boeing 
Supersonic Transport": May 1, 1964. 

R. -ED24181, "Proposal for Satellite Injection Guidance System": Honeywell Aero, 
June 18, 1964. 

Engineering Report: "Reliability Study on Nortronics Subminiature Self Test Rate 
Gyro GR-H 4-T": March, 1963. 

Report No. ATL-D-1072, "Infrared Horizon Sensors for Precision Attitude 
Measurement": Advanced Technology Laboratories, July 1, 1963. 

SP-3802-64-2, 'Beliability Estimate and Analysis Report for Mariner C. Vehicles 
6931, 6932 (Agena):" Lockheed Missiles and Space Company, May 28, 1964. 

Volume F (Reliability Autonetics Proposal to The Boeing Company for the Voyager 
Attitude Reference and Autopilot Subsystem): Autonetics - A Division of North 
American Aviation, July 5, 1965. 

IBM Report No. 63-384-004, 'l3eliability Analysis and Estimate Report €or 
Gemini Inertial Guidance System"; Contract No. POY 20163: IBM Federal 
Systems Division, July 15, 1963. 

AFFDL-TR-64-168, Part II, YResearch and Investigation on Satellite Attitude 
Control: K. C. Nichol; by General Electric Compiny for the A i r  Force Systems 
Command. 

SGC Report No. l l lR-6, 'l3evised Reliability Analysis of the ABLESTAR 
Stage": Space General Corp., February 27, 1963. 

Report No. 63SD4257, Wabilization and Control Subsystem Orbiting Astro- 
nomical Observatory Eighth Quarterly Report": F. W. Crimp; General Electric 
Company. 



APPENDlX A-4 
NUMBER 

7-g C O M P A N V  REV LTR 

-I z 
0 
J 

I 
w 
I- < z 
z 
W 
I- 

F 

t a 
P 
w n * 
I- 
a 
0 
L 

% a 

N* 

0. 

,P* 

Q.. 

R. 

I 

S. 

U P  

ASD-TDR-62-219 (Confidential), llCompilation and Analysis of Component 
Failure Rate Data (Missile and Spaceoraft)ll: Planning Research Corporation. 

FARADA Reports: Bureau of Naval Weapons. 

D2-82724-3 (formerly D2-23 834- 1) , llReliability Analysis and Predict Ion 
Standards - Voyager Program? The Boeing Company, July, 1965. 

Report No. 64SD4246, "Report on the Nimbus Stabilization and Control Subsystem, 
B. D. Hatch; General Electric Company. 

Report No. ASD-TDR-63-293, 'lApplication of Low-Level Redundancy for 
Guidance System Reliability, 
Electric Company, March 1963. 

D5-15611-1, Vol. 7, Book 1, "Saturn V Failure Effects Analysis and 
Criticality Determination Report, Instrument Unit Stage SA501 Launch 
Vehicle, f f  The Boeing Company. 

Light Military Electronics, Dept. , General 

Data sources are classified. 

SHEET ~2-113016-6 
A b  2 



w 
pc 

9 

._ 4 

0 

m c- 
m 

0 

0 
l-l 
-+ .cv 
l-l 

0 9 9 9  

a 
F: 
a3 



i5 
d 

8 
d 

O R  2 ,  
0 

- 
m m 

0 
rl 
CJ 

0 

I (  .- 
_.* I , 

0 

0 
rl 

d 
0 
k 
E 
0 
V 
Q) 

c, 

'4 
c, r( 

s c 

rd 
0 
5 

a, 
c. 
E: 
Q) 

0 
k 
5 
0 
M 
k 
0 
+-I 

-4 

Q) 



i 

P 

0 0  

r o o  
1 0 0  
dco 

hl 

0 

m m 
Cr) 
ea 

. 

S S  P 

0 0  0 

0 
k 

3 



111. 
. -. 

.-. ?% 

al 
0 
k 

i - 

Q 
Q) 
W 
0 a 
0 
k 
pc 

.. . . 
3L.J 

0 0  

o m  
O N  P - w  ea 

. .  

'5 
v1 cn m m m  

d 

8 
t: 
cd a 
0 
k 
al a 

a 
0 

.r( 
0 0 0 0 0  

dl a cu or l  ea d d 

dl d 00' 00'd 

8 

P 
9 d  

k 
cd 

k a 
U 

cd 
P 
9) 
k 
cd 
W 

c' 
4 

~ m x x c l ,  x x  xxF9 xxF9 c3 c 3 3  

VT 

* * * 
d o 0 0 0  0 0  0 0 0  0 0 0  0 0 0  

r l P -  
a m  m m  

. .  

0 
UJ 
F: 
Q) 
v1 

k 
a, 
a, 
c, 

0 
Q) 

k 
Q) 

5 
c1 

8 
0 
V 

~2-113016-6 
A b 6  

9) 
k 
cd * 
3 

d 
3 
cd 
c1 

0 6) 
z 



w 
5 
d 
t3 
Erc 
0 

-. . 

W u 

I 

c 

E 
0 
a 
CU 
.Q 

03 
cd 

.d 
k a 

cd 
a 

. 
cd 
cd 
5 
c, 

# '  


